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SUMMARY

The airflow about a launch vehicle causes problems
which may affect the entire vehicle or may affect only
localized areas; the problems can occur when the vehi-
cle is on the launcher as well as during flight. Specific
problems discussed include local steady-state loads,
overall steady-state loads, buffet, ground wind loads,
base heating, and rocket-nozzle hinge moments.

INTRODUCTION

Figure 50-1 indicates the subject under dis-
cussion—the aerodynamic problems of launch
vehicles—and provides an orientation for the
subject. Aerodynamics is shown as the hub of
a wheel which has three spokes. The spokes
are attached to the rim at points labeled inertia,

Fi1gUure 50-1.—Aerodynamic problems of launch
vehicles.

elasticity, and heat. Aerodynamics alone and
in combination with one or more of the items
shown on the rim represents separate areas of
investigation wherein the airflow about a launch
vehicle may be an important factor. For ex-
ample, the different spokes represent the areas
of dynamics, aeroelasticity, and aerothermody-
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namics. The whole wheel represents the broad
area of aerothermoelasticity.

A very large number of specific problems are
represented by this diagram. Only a few of
the problems, as shown figure 50-2, have been
chosen for discussion herein. A typical large
launch vehicle is shown at the right of the fig-
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F16URE 50-2.—Problems to be discussed.

ure. The treatment is directed more toward
the problems of large launch vehicles than
toward small ones; however, much of the dis-
cussion also applies to small launch vehicles.

SYMBOLS
C, pressure coefficient, %"
Cp.poax  Peak negative pressure coefficient
S frequency
M Mach number
P local static pressure
P free-stream static pressure
q free-stream dynamic pressure
Viz) steady wind velocity
Viz, t) unsteady wind velocity
Vwinp horizontal wind velocity
o angle of attack
oM root-mean-square bending moment
® power=spectral density

LOCAL STEADY-STATE LOADS

The first subject to be discussed is local
steady-state aerodynamic loads. Figure 50-3
shows the distribution of pressure coefficients
over a typical vehicle. The Mach number is
1.3 and the angle of attack is zero. Negative
pressure coefficients, which indicate pressures
below ambient, are shown above the horizontal
axis.

Note that large changes in pressure occur in
the regions of the flares. Both negative and
positive pressure-coefficient peaks are obtained,
and these peaks represent concentrated local
loads. The negative pressure-coefficient peaks
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FIGURE 50-3.—Pressure distribution. M = 1.3;qa = 0°.

N

occur at each corner where the flow is required
to expand.

The peak negative pressure coefficient near
the first corner of a different nose cone is shown
as a function of Mach number in figure 50-4.
The dynamic pressure is also shown as a func-
tion of Mach number for a typical trajectory.
The local load is proportional to the product of
Cp and ¢ as shown by the solid curve. It may
be seen that the local load at a Mach number of
0.8 is about four times higher than the load at
maximum dynamic pressure.

The local load is a particularly important
factor in the design of secondary structures,
such as insulation panels or fairings. Several
vehicle failures have occurred because local
loads near a corner were underestimated. The
assumption has been made in several instances
that all aerodynamic loads are a maximum at
the maximum dynamic-pressure condition.
These data indicate the error of such an
assumption.

Figure 50-5 again shows the variation of
pressure coefficient with Mach number. The
configuration is a cone-cylinder. During
launch the Mach number continually increases
and the Mach number scale may be thought of
as a time scale. Maximum negative pressure
coefficients at transonic speeds occur near the
corner as indicated by the solid curve. In in-
terstage sections of launch vehicles and also in
adapter sections behind payloads, of which this
configuration might be an example, the volume
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FIgURE 50-4.—Maximum local load for typical cone-
cylinder.

enclosed is often vented to the external flow.
A vent located at the corner, at point A, might
reduce the net local load across the skin at point
A to very low values. However, it may be seen
that if the internal pressure is maintained at
the value plotted here for point A, the net pres-
sure difference across the skin at point B would
be the difference between the two curves, and the
local loads might become large at point B.
Thus in the very important problem of locating
vents, a detailed knowledge of the variation
of the pressure with Mach number is required.

OVERALL STEADY-STATE LOADS

Figure 50-6 introduces the subject of overall
steady-state loads. The Mach number and dy-
namic pressure are plotted as functions of al-
titude for an example trajectory. The velocity

o

F1eure 50-5.—Local load for cone-cylinder.
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of horizontal winds which the vehicle might
encounter is shown also as a function of altitude.
This variation of wind velocity with altitude
is about an average of the different profiles
used for design purposes (ref.1). The response
of an elastic vehicle to varying horizontal winds
is discussed briefly in reference 1; in the present
paper, only the steady-state aspects of the prob-
lem are considered. )

The horizontal wirds cause the vehicle to fly
at an angle of attack. Note that the maximum
dynamic pressure occurs at about the same alti-
tude as the maximum horizontal winds so that
the maximum dynamic pressure and maximum
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Ficure 50-6.—Example launch-vehicle flight charac-
teristics,

angle of attack occur at about the same time.
As will be shown subsequently, the effect of
angle of attack is to produce a bending moment
along the vehicle length. The bending moment
is nearly proportional to the product of dy-
namic pressure and angle of attack so that the
maximum bending moments will be obtained in
this region. The Mach number for large launch
vehicles is usually between 1.5 and 2.0. This
is a very important load condition for the de-
sign of the vehicle structure. Thus, maximum
bending moments generally occur at supersonic
Mach numbers, and maximum local loads (dis-
cussed previously) usually occur at high sub-
sonic Mach numbers,

Figure 50-7 shows the pressure distribution
obtained on a vehicle at an angle of attack of
8° for the top and bottom surfaces. As just
discussed, the angle of attack might be caused
by horizontal winds. The vehicle shown in fig-
ure 50-7 is the same as that shown in figure
50-3 and the Mach number again is 1.3. These
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FIGURE 50-7.—Pressure distribution. M =1.3;a = 8°,

data indicate that at each point along the ve-
hicle length there is an upward force on the
vehicle. To calculate the pitching-moment dis-
tributions along the vehicle length, the vertical
component of the pressure force is integrated
circumferentially and longitudinally. Typi-
cally, for a vehicle without fins at the base, a
nose-up pitching moment is obtained about the
vehicle center of gravity for positive angles of
attack. The pitching moment is counteracted
by the stabilization system, which for example,
might be swiveling rocket nozzles. The two
opposing moments produce the bending moment
in the vehicle.

Thus, accurate determination of the bending-
moment distribution, as well as the local loads
discussed previously, requires an accurate de-
termination of the pressure distribution. No
completely satisfactory theoretical method ex-
ists for computing the pressure distributions
throughout the required Mach number and
angle-of-attack ranges. Slender-body, shock-
expansion, and piston theories give trends for
some conditions, but the theoretical treatment
is grossly inadequate. In practice, most de-
signers have a collection of load distributions
obtained experimentally for various shapes, and
these data are used in preliminary design. For
final verification, wind-tunnel studies of the
configuration are often made and add more data
to the collection. A much more satisfactory
situation would be to have a reliable theoretical
method of predicting pressure, particularly at
transonic speeds.
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Figure 50-8 illustrates another aspect of the
need for accurate prediction of the pressure
distributions. A typical vehicle is shown at
the left of the figure. The upper curve is the
predicted center-of-pressure location on the
vehicle obtained by use of theory and the gen-
eralized experimental data available. The
middle curve is the center-of-pressure location
as measured in wind-tunnel studies. The center
of gravity of the vehicle, shown by the bottom
curve, varies with burning time. With the cen-
ter of pressure ahead of the center of gravity,
the vehicle is aerodynamically unstable. It may
be seen that somewhat greater instability was
predicted than was measured. An engine-
swiveling requirement for automatic stabiliza-
tion, based on the analytical prediction, would
yield a considerably conservative design. The
problem of attitude stabilization for large
guided vehicles is discussed in reference 2.

BUFFET

Buffet is simply pressure oscillations caused
by separated flow. The greatest buffet prob-
lems occur at transonic speeds where shock in-
teractions with the separated flow augment the
pressure fluctuations. Often buffet produces
the greatest loads at the same locations and
conditions where the local steady-state loads

L] CENTER OF
PRESSURE

Ficure 50-8.—Static stability.
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F1oUre 50.9.—Types of buffet flow on launch vehicles.

are a maximum. Three types of buffet which
have been observed are shown in figure 50-9.

Shock-boundary-layer interaction buffet is
often obtained on hammerhead configurations
of the type shown. The flow resembles that
over thick airfoils at transonic speeds.

Blunt-body separation buffet is characterized
by unstable flow at the shoulder of a blunt cone-
cylinder. At subsonic Mach numbers the flow
is separated at the corner and at supersonic
speeds it isattached. At Mach numbers just be-
low one, the flow is alternately separated and
attached.

Abrupt protuberances cause an unsteady
wake which impinges on downstream parts of
the vehicle and causes wake buffet. It is this
type of buffet which appears to have caused the
failure of the first Mercury-Atlas vehicle. Sub-
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FicURE $0-10—Pressure power spectra; transonic
wind-tunnel results.
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sequent vehicles were strengthened and no fur-
ther structural problems have been encountered.

As shown in figure 50-10, different types of
buffet may have considerably different
characteristics. These power spectra of the
pressures show that the energy of the wake
buffet is distributed over the frequency range,
while most of the energy of the shock-bound-
ary-layer interaction buffet is concentrated at
low frequencies. These two types of buffet
would be expected to cause considerably dif-
ferent elastic responses of the structure. With
the buffet energy concentrated at low frequen-
cies, overall bending modes might be excited.
With distributed buffet energy, local response
of the structure might be excited.

Before model buffet data such as these can
be applied with confidence to full-size vehicles,
the scaling relationships must be derived and
verified experimentally. Simple dimensional
considerations would indicate, for example, that
the buffet frequency spectrum would be shifted
to higher frequencies as the model scale is re-
duced. Buffet-pressure studies have been con-
ducted with models which differed only in size,
and the scaling laws based on the simple di-
mensional considerations appear to have been
verified.

Since buffet is suspected to be the cause of
several vehicle failures, a wind-tunnel study
program on buffet pressures has been under-
taken. (References 3 and 4 present results ob-
tained to date.) The value of this buffet-pres-
sure program is well recognized; however,
considerable difficulty exists in applying the
buffet-pressure data to the structural design.
The obvious approach is to use experimental
buffet pressures as force inputs in a dynamic
analysis of the structure; however, the task of
obtaining sufficiently detailed experimental
data and of making the calculations appears to
be overwhelming.

Figure 50-11 illustrates an alternate to such
a response analysis. The two models (ref. 5)
are a hammerhead configuration and a blunted
cone-cylinder. The models had the same
dynamic and elastic properties and were sup-
ported in a wind tunnel in such a way that they
were free to respond in their elastic free-free
bending modes. The response of the models
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Fraure 50-11.—Effect of nose shape on buffet response.

was measured in terms of the root-mean-square
bending moment as a function of Mach number.
Thus, the aeroelastic models were used as wind-
tunnel analogues to measure the response di-
rectly. The low-level response for the cone-
cylinder model is believed to be caused pri-
marily by wind-tunnel turbulence. The much
higher level response of the hammerhead
configuration is due to buffeting produced by
the reflex frustum.

Figure 50-12 shows the power spectra of the
bending moment for the same two models at a
Mach number of 0.90. Naturally, the data for
the cone-cylinder model are at a very low level.
Of considerable interest is that the response for
the hammerhead configuration was primarily in
the first two bending modes, and each mode

Ficure 50-12.—Bending-moment power spectra.
M=1090;a=0°
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contributed about equally to the total response.
The technique of using aeroelastic models for
buffet-response studies such as these has been
used previously for aircraft wings (ref.6). In
aircraft wing models the simulation of only the
first elastic wing mode usually sufficed. How-
ever, it appears from this result that at least
two elastic modes must be simulated for launch-
vehicle models.

To date no flight data have been available for
correlation with the wind-tunnel response meas-
urements. Correlation will have to be shown, of
course, before the technique can be considered
reliable for prediction of buffet response. It is
anticipated that models might be satisfactory
for predicting overall bending response; how-
ever, the prediction of localized response of pan-
els might require structural replica models at
small scale and might therefore be infeasible.
Meanwhile, additional emphasis is needed on
analytical solution of the buffet loads, using
power-spectral approaches for very simple
shapes.

Figure 50-12 may also be referred to in con-
nection with another aspect of vehicle response.
The sharpness of the peaks indicates that the
total of the structural and aerodynamic damp-
ing was low for both modes. In fact, negative
aerodynamic damping was measured in the first
mode at slightly greater Mach numbers, and
this situation is of concern because of the possi-
bility that sustained or divergent oscillations of
the vehicle may be produced. However, in most
applications, the magnitude of any negative
aerodynamic damping is very small compared
with the positive damping usually provided by
the structure, the thrust-vector control system,
and the liquid fuel so that sustained or diver-
gent oscillations of the vehicle have not yet ma-
terialized as a major problem.

GROUND WIND LOADS

The ground wind-loads problem is intro-
duced in figure 50-13. The launch vehicle is
shown on the launch pad during prelaunch
operations. The horizontal wind is considered
to consist of a steady wind vector which varies
both with time and with height above the
ground. The unsteady part is due to gusts and
turbulence. The winds produce a steady drag
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Ficure 50-13.—Launch vehicle exposed to ground
winds.

deflection and oscillatory deflections in both the
lateral and drag directions. The deflections
cause problems in structural strength, guid-
ance alinement, and flight-instrumentation
checkouts. The problem is of sufficient im-
portance that design or operations changes have
been required for several vehicles.

The oscillatory lateral deflections are caused
primarily by the steady wind vector and no
satisfactory analytical technique exists for pre-
dicting the input aerodynamics, even for two-
dimensional cylinders. Wind-tunnel studies of
models (refs. 7 and 8) are therefore required
for lateral load predictions. Figure 50-14
shows such a model used in reference 9. On
the right is shown the Scout. vehicle and on the
left, the dynamically and elastically scaled 15-
percent wind-tunnel model. The model, com-
plete with simulated launch tower, is shown

0.15-SIZE MODEL

FULL SIZE

F1GURE 50-14.—Scout vehicles.
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mounted in the wind tunnel. The accuracy
with which ground wind response to steady
winds can be simulated in wind tunnels is a
moot. question because of a lack of response
data on full-scale vehicles which could be used
for comparison with wind-tunnel data. Thus,
a need exists for improving the analytical pre-
diction methods for steady winds and for ob-
taining response data for full-scale vehicles.
The oscillatory drag deflections, caused
primarily by the unsteady wind vector, can
probably be handled analytically by using
power-spectral density techniques (ref. 10).
The handicap has been the lack of power-spectra
information on winds near the ground. The
small amount of data available have been ob-
tained, for the most part, with conventional
wind-measuring devices which are not respon-
sive to the higher wind frequencies that can
represent important dynamic load inputs to the
vehicle. Thus, a need exists to determine the
ground-wind properties in greater detail. A
fast response anemometer under development
for this purpose is described in reference 11.

BASE HEATING

Figure 50-15 illustrates the base-heating
problem (refs. 12 to 15). The base of a
launch vehicle which has a cluster of four
rocket nozzles is shown. At high altitudes the
rocket exhausts plume and intersect. Trailing
shock waves are formed at the intersection of
the jets. The energy of the air near the jet
boundaries is too low to allow the flow to move
back through the shock waves, so the flow re-
verses and flows toward the base of the vehicle.
Tt escapes by flowing laterally across the base.
At high altitudes, this recirculated flow of hot

GAS
gTRNLING SHOCK WAVES

¢
¢l

JET BOUNDARIES
TREAM BOUNDARIES

Fi16URE 50-15.—Base flow for clustered nozzles.
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exhaust gases reaches supersonic velocities and
can cause severe damage to surfaces which are
not heat protected.

The intersection of the jet exhaust with the
external stream also produces trailing shock
waves and a reversed flow. In this case, oxygen
from the external stream combined with the
fuel-rich exhaust produces a combustible mix-
ture which could lead to burning in the base
region. A much more likely source of base
burning, however, is from the exhaust of the
turbines which pump the propellants, since the

RECIRCULATION

MAJOR

SIGNIFICANT g} NIl RADIATION

MINOR E caseBuRNING

10 100
ALT., MILES

Fieure 50-16.—Sources of base heating for clustered
nozzles.

turbine exhaust is even more fuel-rich than the
rocket jets.

The significance of the sources of base heat-
ing as a function of altitude in miles is shown
qualitatively in figure 50-16. This figure is
based on information from reference 14. Re-
circulation of the hot exhaust gases is indicated
to be a major problem into space. At lower
altitudes the jets plume less, the trailing shock
strength decreases, and less of the hot gases is
recirculated. At still lower altitudes, the jets
do not intersect, and act instead as ejectors in
pulling the external stream over the base to
produce base cooling rather than heating.
Base burning is indicated to be a major problem
at altitudes from 3 to 10 miles. At higher al-
titudes, the lack of oxygen precludes combus-
tion. Radiation is shown as the third source
of base heating. Much of the radiation comes
from afterburning of the rocket jet downstream
of the nozzle.

Base-heating problems are generally studied
by use of scaled models in wind tunnels and
altitude chambers. Considerable work remains
to be done in improving model-testing tech-
niques.

NOZZLE HINGE MOMENTS

Figure 50-17 introduces the subject of the
aerodynamic hinge moments on swiveling rock-
et nozzles. The bases of two Saturn vehicles
are shown; both vehicles utilize swiveling noz-
zles to produce thrust-vector control.

For the C-1 Block T vehicle shown at the left,
the H-1 engines are contained within the
periphery of the booster and relatively large
shrouds extend over the nozzles. Consequently
there is very little impingement of the external
flow on the nozzles.

FigUrE 50-17.—Base regions of Saturn vehicles.

However, with the C-5 vehicle, the center
lines of the outer F~1 engine nozzles lie nearly
on the booster periphery. If no shrouds are

. used, the external stream impinges on a large
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area of the nozzles. This impingement pro-
duces very large hinge moments which lead to
impractically large actuators in order to over-
come the hinge moments. Elaborate backup
structure would also be required for the actu-
ator. Large shrouds may be used to shield
the nozzles from the external flow, but the
shroud loads then become large, and excessive
backup structure is required for the shrouds.
In addition, the base drag of the vehicle be-
comes large and the recirculation of exhaust
gases at the base can become a serious problem.
A probable solution is to use a shroud of mod-
erate length, perhaps about as shown by the
dashed lines, and to use scoops to guide airflow
into the base area. A proper arrangement can
reduce hinge moments as well as recirculation
and base drag.
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Wind-tunnel studies are used for predicting
the nozzle hinge moments since present theories
are inadequate for prediction of the compli-
cated flow field behind the base of a launch
vehicle. It would probably not be profitable
to expend a great deal of effort in developing a

different kinds of aerodynamic problems en-
countered in the design of launch vehicles.

CONCLUDING REMARKS

In conclusion, some of the aerodynamic prob-

lems of launch vehicles have been discussed.
The importance of the problems has been cited
and areas where additional work is required
have been indicated.

theoretical method because the problem is so
dependent on the details of the configuration
and the operating conditions. However, the
problem is an interesting example of the many
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SUMMARY

Aerodynamic research results related to the low-
speed approach and landing of space vehicles are pre-
gsented. Two basic types of space vehicles are covered :
those designed for vertical or near-vertical descent
(which require some auxiliary device for landing) and
those which perform glide landings. Spacecraft dis-
cussed include nonlifting bodies (such as the Mercury
spacecraft), low-lift-drag-ratio lifting bodies, fixed-
geometry glide-landing types similar to the Dyna-Soar,
and variable-geometry glide-landing types which in-
volve a change in configuration between reentry and
landing. Aerodynamic characteristics are also pre-

sented for auxiliary landing aids which may replace
the parachute for some recovery applications. These )

landing aids include the steerable parachute, the rotor-
chute, and the parawing which is being developed for
use in the Gemini recovery system.

INTRODUCTION

The landing of all space vehicles recovered to
date has been accomplished by means of para-

666582 0—62——14
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chutes which are relatively simple, well-proven,
and reliable devices that will, no doubt, con-
tinue to be used for space-vehicle recovery in
the future. Since the parachute is inherently
limited to an essentially vertical and uncon-
trolled descent, however, other means of per-
forming space-vehicle landings involving con-
trolled gliding flight are also being developed to
give the astronaut greater latitude in the choice
of a landing site. It is the purpose of this
paper to present some recent aerodynamic re-
search results related to the various means of
landing space vehicles, with particular empha-
sis on those means which involve the perform-
ance of glide landings.

Table 51-I shows the types of space vehicles
and auxiliary landing aids to be considered,
grouped into two general categories: those de-
signed for vertical or near-vertical descent and
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TasLe 51-1.—Types of Vehicles and Landing Aids

Vertical landing

Glide landing

Zero L{D Low LD (<) Moderate L/D (>3).
Reentry vehicles. Nonlifting bodies. Lifting bodies. Fixed geometry.
Variable geometry.
Auxiliary landing aids. Parachute. Steerable parachute. Parawing.
Rotorchute.

those which perform glide landings. The ver-
tical-landing reentry vehicles can be classed
either as nonlifting bodies, such as the Mercury
spacecraft, or as low-lift-drag-ratio lifting bod-
ies. Both of these types require some form of
auxiliary device for landing. Glide landing
vehicles are considered to be those which have a
large enough value of subsonic lift-drag ratio
(greater than about 3 or 4) to permit safe glide
landings to be made consistently. These ve-
hicles may be either fixed-geometry types, such
as the Dyna-Soar, or variable-geometry types
which involve a change in configuration be-
tween reentry and landing.

SYMBOLS

L lift, Ib
D drag, b
Lift

Cy lift coefficient, —
qS

; Normal fore
Cwn normal-force coefficient, ~orma_ torce

gS
Cp drag coefficient, Dql:,'g
Cm pitching-moment coefficient, Pitehing moment
¢Sc
Ca yawing-moment coefficient, Yam_—ngs%xo_@t
Cy rolling-moment coefficient, EO—I%M
q dynamic pressure, lb/sq ft; pitching velocity,
radians/sec
S wing area, sq ft
b wing span, ft
¢ mean aerodynamic chord, ft
a angle of attack, deg
8 angle of sideslip, deg
¢ angle of bank, deg
& rate of change of angle of attack, radians/sec
P rolling velocity, radians/sec
r yawing velocity, radians/sec; rotor radius, ft
8, aileron deflection, deg
3, rudder deflection, deg
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vV free-stream velocity, ft/sec
V. rate of descent, ft/sec
z vertical distance from center of gravity to wing

pivot, ft
W weight, Ib
Ix moment of inertia about X-axis, slug-ft?
Iz moment of inertia about Z-axis, slug-ft2
P period of oscillation, sec
Ty2; time to damp to one-half amplitude, sec
oC,L oCw oC
Cp =" —__— —_— 7
L™ da Cw, da Com, O«
_aCu C =a_Cl — oC,
€ =28 =38 “="ob
2V
. _2C, Cp =2Ca . _2Cn
N ", pb N
foJraet 2V O,
2V 2V
3C, c, =% dC
e I = —=2n
Cni="2a ‘e 0 Cns, =20,
0C,
Cns, =25,
Subsecripta:
MAX  maximum
DYN dynamic

NONLIFTING BODIES

It may be recalled that astronauts Glenn and
Carpenter both experienced unstable oscilla-
tions of their Mercury spacecraft after expend-
ing all their control fuel during the final sub-
sonic portion of descent, and it was necessary
in both cases to deploy the drogue parachute
early in order to stablize the spacecraft. (See
refs. 1 and 2.) An illustration of this form of
dynamic instability is presented in figure 51-1
which shows the oscillations obtained in free-
flight tests of a Mercury-type spacecraft model
in the Langley 20-foot free-spinning tunnel.
The angle of attack measured in the plane of the
oscillation is plotted against full-scale time for
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FreurE 51-1.—~Dynamic stability of nonlifting vehicle.

the model with and without a drogue parachute
installed. The oscillation for the model without
the drogue is very unstable and builds up
quickly to very large angles, after which the
model starts a horizontal spinning motion at
high angles of attack. With the drogue de-
ployed, however, the amplitude of the oscilla-
tion is restrained to an acceptably small value.
These model tests apparently predicted quite
well the character of the oscillations experienced
on the full-scale Mercury spacecraft. (The
drogue of the full-scale spacecraft was deployed
in both cases before the horizontal spinning
motion could develop.)

Some of the important aerodynamic param-
eters involved in this dynamic stability problem
of blunt-faced Mercury-type spacecraft are
shown in figure 51-2. Plotted against angle of
attack (from 0° to 180°) are shown low-speed
test data for the parameters Cy, (which is
roughly equivalent to C,, the lift-curve slope),
Cpn, (the static-longitudinal-stability param-
eter), and Cn +Cn, (the damping-in-pitch
parameter). The data show that at 0° angle
of attack, which represents vertical descent
with the blunt face down, the value of Cy,
is negative, indicating a reversed lift-curve
slope, the value of Cn, is also negative, indicat-
ing positive static stability, and the damping
parameter On +Cr; is positive, indicating
negative damping of any pitching motion that
develops. This combination of parameters,
which results from the separated flow condition
behind the blunt face of the spacecraft, is
primarily responsible for the unstable oscilla-
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Fieure 51-2.—Stability parameters of noulifting
vehicle.

tions obtained in flight. Research has shown
that these characteristics are not peculiar to
the particular Mercury configuration but are
common to all bluff-body nonlifting configura-
tions of this general type which descend verti-
cally with the blunt face down.

LIFTING BODIES

Three examples of lifting-body configura-
tions are shown in figure 51-3. These lifting-
body vehicles may be considered ta bridge the
gap between the vertical-descent and glide-land-
ing types since they can be designed to have
subsonic lift-drag ratios from less than 1 to as
high as 4 or 5. The configuration in the upper
left-hand part of figure 51-3 is a blunt half-
cone, which has an Z/D less than 1 and there-
fore requires some auxiliary landing device.
Configurations of this general type are usually
quite stable in their steep subsonic descent and

do not experience the unstable oscillations ob-
L]

Fieure 51-3.—Lifting-body vehicles.
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tained with the blunt-faced Mercury-type space-
craft. The other two configurations shown in
this figure are slender half-cone and pyramid
shapes which can, by proper design, achieve lift-
drag ratios high enough for performing glide
landings. In order to obtain these values of
L/D, careful use must be made of boattailing
to reduce the large base area of the bodies.
(See ref. 3.)

GLIDE-LANDING VEHICLES

Subsonic Lift-Drag Ratio

Figures 514 and 51-5 illustrate what can be
done to increase the subsonic L/D of both lift-
ing-body and winged reentry vehicles. Figure
514 shows the maximum subsonic L/D for a
variety of configurations plotted against a non-
dimensional volume parameter (volume to the
two-thirds power divided by wing area). The
results shown are for trimmed conditions and
a small amount of longitudinal stability. These
data show that, as would be expected, the higher
values of /D are associated with the winged
configurations which have the least fuselage
and wing volume for a given wing area,
whereas the lower values are associated with
the lifting bodies which have the greater vol-
ume-to-wing-area ratios. These data were ob-
tained at low Reynolds numbers; a few tests at
higher Reynolds numbers have indicated that
L/D values for the corresponding full-scale
reentry vehicle in some cases may be as much
as 0.5 to 1.0 greater than these values. The
configurations illustrated in figure 51-4 were
designed primarily with the hypersonic flight

(L/DImax, TRIM

0 2 4 6
VOLUME 2/3
WING AREA
Frovrs 51-4.—Maximum lift-drag ratio. Trimmed

conditions.
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Freure 51-5.—Conflgurations designed for higher lift-
drag ratio. Trimmed conditions.

condition in mind and with little or no atten-
tion given to obtaining a good subsonic L/D.
Despite this, some of the winged configurations
have a fairly good subsonic (Z/D)wuax.

Figure 51-5 shows that substantial increases
in subsonic L/D for both winged and lifting-
body vehicles can be attained when some effort
is made to design the vehicles for the low-speed
case. The shaded area represents the region in
which the (LZ/D)yax,rarw values for the con-
figurations of figure 51-4 were located. Boat-
tailing the base of the half-cone and pyramid-
shaped vehicles increased the ZL/D wvalues
substantially. Adding control surfaces to the
half-cone vehicle resulted in a further increase
in L/D. In the case of one winged reentry con-
figuration, an (L/D)uax of about 6 was ob-
tained when the configuration was specially
modified to achieve high Z/D at low speeds.
With these modifications, this configuration had
a thick, highly cambered wing and a teardrop
fuselage with a small base area. The hyper-
sonic L/D was reduced by these changes, but
the hypersonic L/ D values for the half-cone and
pyramid-shaped vehicles were relatively unaf-
fected by boattailing, Another method for ob-
taining high Z/D for landing is the use of a
variable-geometry vehicle, such as the one
shown at the top of figure 51-5, which has a sub-
sonic (L/D)uax of about 7.

Variable-Geometry Vehicles

Some subsonic aerodynamic data for the var-
iable-geometry vehicle shown in figure 51-5 are
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FIGURE 51-6.—Aerodynamics of variable-geometry
vehicle.

presented in figure 51-6. (See refs. 4 and 5 for
additional information.) In the reentry con-
figuration, the wing tips of this vehicle are
folded up to protect them from high heating
rates during reentry at high angles of attack.
For landing, the surfaces are folded down. The
pronounced increase in L/D produced by ex-
tending the surfaces is shown in the plot at the
lower right. The pitching-moment plot at the
upper left illustrates the basic principle of the
variable-geometry concept. In the reentry con-
figuration with the wing tips retracted, the
vehicle is designed to have zero pitching mo-
ment at an angle of attack of about 90° so as to
be trimmed for vertical or near-vertical descent.
The negative slope of the pitching-moment
curve at a=90° indicates static longitudinal sta-
bility for this condition; but, like the blunt-
faced Mercury-type vehicles discussed earlier,
this configuration has a negative lift-curve
slope and negative damping in pitch at an angle
of attack of 90° and, consequently, has an un-
stable pitching oscillation in subsonic vertical
descent. In the landing configuration, the ex-
tended surfaces provide longitudinal stability
and trim in the low angle-of-attack range. This
variable-geometry configuration is, of course,
only one of many possible variable-geometry
schemes which have been considered.

Stability and Control of Glide-Landing Vehicles

Some of the effects of wing sweep on the
stability and control characteristics of glide-
landing reentry vehicles with highly swept
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F1gure 51-7.—Aerodynamic-center location at low
subsonic speed.

wings are presented in figures 51-7 to 51-10.
Figure 51-7 shows the variation of aerodynam-
ic-center location with leading-edge sweep for
thin-flat-plate delta wings. The aerodynamic
center must, of course, be aft of the center of
gravity for longitudinal stability. The data
indicate that there is a systematic variation in
aerodynamic-center position with sweep ap-
proaching the theoretical value of 50 percent
€ at 90° sweep. Also shown in figure 51-7 are
the aerodynamic-center locations for several
reentry vehicles as given by symbols showing
their cross-sectional views. These data indicate
that a rearward (or stabilizing) shift in aero-
dynamic center generally results when the wing
is very thick, when a large fuselage is added,
or when wing-tip vertical tails are used.

For this same series of thin-flat-plate delta
wings, figure 51-8 shows the variation with
sweep angle of the effective-dihedral parameter
Cy;, the damping-in-roll parameter Cu, and
the ratio of the yawing moment of inertia to
the rolling moment of inertia /z/x. Although
these data are for thin delta wings at a lift
coefficient of 0.60, the trends shown are consid-
ered to be generally representative of highly
swept reentry configurations for a fairly wide
lift-coefficient range. As the sweep eangle
increases, the effective dihedral (—C,,) in-
creases to very large values, the damping in
roll (—C)) drops off and even becomes un-
stable at the higher angles, and the ratio of
yawing inertia to rolling inertia becomes very
large. This combination of changes leads to
a lightly damped Dutch roll oscillation and,
as would be expected with a high yawing inertia
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F1eURe 51-8.—Aerodynamic and inertla parameters of
thin delta wings. €.=0.60.

and low rolling inertia, the oscillation is almost
a pure rolling motion about the body X-axis.
(See ref. 6.) —

An illustration of the Dutch roll stability
problem for a typical highly swept, glide-land-
ing reentry vehicle is presented in figure 51-9.
In the left-hand plots, the calculated period and
damping of the Dutch roll oscillation for sub-
sonic flight are plotted against angle of attack.

The decrease in the damping parameter Tl
1/2

with increasing angle of attack indicates a re-
duction in Dutch roll damping to unsatisfac-
torily low values at angles of attack around 30°.
In model flight tests of this configuration in the
Langley full-scale tunnel, a very lightly damped
oscillation, involving primarily a rolling motion
about the body axis, was obtained.

Research has indicated that a very effective
means of obtaining satisfactory Dutch roll
damping with highly swept reentry vehicles
of this type is to use a roll-rate damper, that
is, an automatic stabilization device which
operates the roll control in response to rate of
roll. The plot on the right-hand side of
figure 51-9 shows the relative effect of roll
and yaw dampers for this reentry configura-

_tion, The damping factor Tl— is plotted
1/2

against values of the damping-in-roll deriva-
tive —C,, the damping-in-yaw derivative
—C,,, and the cross derivative 0,,,, (yawing
moment due to rolling velocity). These re-
sults show that an increase in —(,; (repre-
senting the use of a roll damper) produced a
large increase in the damping of the Dutch
roll oscillation, whereas sn increase in —C,
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(representing the use of a yaw damper) pro-
duced only a very small increment of damping.
Another point of interest here is that the
derivative C, also has a large effect on the

damping. This effect can be significant in
cases where the ailerons used for roll damping
produce large yawing moments. In such cases,
the damper will produce C, as well as Ci,;
and the C, -contribution will be stabilizing
when the yawing moments are adverse and
destabilizing when the yawing moments are
favorable.

Figure 51-10 presents some information on
directional stability which indicates that highly
swept reentry configurations are not likely to
experience directional stability problems.
Plotted against sweep angle are values of two
directional stability parameters, C.; and
(Crg)pyns for the same series of thin-flat-plate
delta wings covered earlier. The values of the
static directional stability parameter C,; are
low and become negative at the higher sweep
angles. On the other hand, the dynamic

_directional stability parameter (C.;), vy, which

is defined as Cn,—Ciy % sin «, increases rapidly

to large positive values at high sweep angles
because of the large positive increases in I,/Ix
and negative increases in Cy;. It has generally
been found that the parameter (Cﬂa)nm is a
better criterion for directional divergence than
the static stability parameter C,;. For ex-
ample, it has been found possible to fly airplane
models with large negative values of C,, as
BASIC VEHICLE RATE DAMPING ADDED
ar .

A

0 0 20 30 40 0 2 4 6
a, DEG -Gy “Coy s
Cip: ~Cn, Cnp

F16URe 51-9.—Dutch roll stability. Glide-landing
reentry vehicle.



RESEARCH RELATED TO THE LANDING OF SPACE VEHICLES

I
Z
- == C;, SINCQ
‘g

0
LEADING-EDGE SWEEP, DEG

Fioure 51-10.—Directional stability parameters of thin
delta wings. €.=0.60.

long as (O"a)n'm remains positive. It would
appear, therefore, that directional-divergence
problems are not likely to be experienced with
highly swept reentry vehicles because of their
large values of effective dihedral and large
ratios of yawing inertia to rolling inertia.

It has been found, however, that directional
problems can be encountered with such con-
figurations because of the adverse yawing
moments produced by aileron control. This
point is illustrated by the data of figure 51-11.
The upper part of the figure shows the ratio of
yawing moment to rolling moment produced
by aileron deflection 0"% / C,‘a for two reentry

configurations—one having wing-tip vertical
tails and the other a single center vertical tail.
The data show that aileron deflection produced
small favorable yawing moments over most of
the angle-of-attack range for the configuration
with the center tail but produced large adverse
yawing moments for the wing-tip tail configura-
tion. The large adverse aileron yawing mo-
ments are associated with the large induced
loads produced on the vertical-tail surfaces by
differential deflection of the ailerons. The plot
at the bottom of figure 51-11 shows that the
rudder effectiveness C"&r remained about con-

stant with angle of attack for the center-tail
model, but decreased with increasing angle of
attack for the model with the wing-tip tails and
became practically zero at an angle of attack
of 40°.

The significance of these results was clearly
shown in model flight tests of the wing-tip tail
configuration. It was not possible to fly the
model with ailerons-alone control because the
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large adverse yawing moments produced by the
ailerons resulted in directional divergences. At
the lower angles of attack these yawing mo-
ments could be counteracted by the use of rud-
der control, and successful flights could be made.
At the higher angles of attack where the rudder
effectiveness had dropped off appreciably, how-
ever, the adverse yawing moments produced
large yawing motions and the model became
uncontrollable. It appears that configurations
of this type with wing-tip tails will need a pow-
erful rudder control and may require intercon-
nection of the ailerons and rudders for satis-
factory lateral control at subsonic speeds.

AUXILIARY LANDING AIDS

Since the conventional parachute has been
under development for so long and its charac-
teristics generally understood, it will not be dis-
cussed in this paper except to point out that the

-Mercury recovery system involves the use of
main and reserve parachutes of the ring-sail
type which are deployed first in a reefed condi-
tion to minimize the opening shock loads.
These are rather porous parachutes which pro-
vide a relatively stable descent.

An interesting development of the conven-
tional parachute that has been receiving some
attention is the steerable parachute which is in-
tended to provide enough maneuvering capa-
bility to afford some choice of landing site.
One example of the steerable parachute is illus-
trated in figure 51-12. This is a flapped para-
chute which was tested in the Ames 40- by 80-
foot tunnel. (Seeref.7.) The flap was formed
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FicUurs 51-11.—Lateral control parameters.
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Ficure 51-12.—Aerodynamics of steerable parachute.

by allowing a portion of the skirt to deflect up-
ward as illustrated in the sketch. The pitch-
ing-moment data in the upper left-hand plot
show that extending the flap caused the para-
chute to trim at an angle of attack of about
25° (compared with 0° with the flap retracted).
At this angle of 25° with flap extended, an L/D
of about 0.4 or 0.5 was obtained. This result in-
dicates that the flap does provide a limited
amount of glide-path control.

Parawing Recovery Systems

A recovery device which provides a much
greater degree of maneuvering capability is the
parawing which is now being developed for use
in the Gemini program as a replacement for
the parachute. (See refs. 8 and 9.) Figure

FieuRre 51-13.—Parawing recovery system.

-of a trailing-edge flutter.

51-13 is an artist’s conceptual drawing of the
Gemini parawing recovery system. This illus-
tration is not accurate in all details but does
serve to illustrate the system. It is anticipated
that the glide capability provided by such a sys-
tem will greatly increase the chances of reach-
ing a safe landing site. But it is generally
agreed that in order to provide greater capabili-
ty than the parachute, the parawing will almost
certainly be a more complex system and is also
likely to have more aerodynamic problems than
the parachute. Maneuvering of the parawing
vehicle is accomplished by differential length-
ening and shortening of the fore-and-aft lines
for pitch control and of the wing-tip lines for
roll control. In other words, the center of
gravity of the system is effectively shifted to
provide control moments. 'The main structural
members of the parawing—the keel and leading
edges—are inflatable tubes which are stowed in
the deflated condition prior to deployment.

The proposed deployment sequence for the
(Gemini recovery system, illustrated schematic-
ally at the bottom of figure 51-13, involves a
carefully timed series of steps including release
of the stowed parawing, inflation of the keel
and leading edges, and extension of all the sup-
porting lines. Research to date has indicated
that careful attention must be given to para-
wing deployment to insure success since a slight
error in rigging or timing may lead to serious
stability and trim problems which could pre-
vent a successful recovery.

Figure 51-14 presents some low-speed aero-

‘dynamic data obtained in tests of a large-scale

model of a parawing with a thick rounded lead-
ing edge generally similar to that being con-
sidered for the (Gemini recovery system. In
this figure are shown various coefficients and
parameters plotted against the angle of attack
of the keel from negative to large positive
angles. Tt should be noted that the lift curve
is very nonlinear near zero lift between angles
of attack of about —5° and 15°. This is the
range in which the fabric of the parawing goes
slack, resulting in a fabric flapping problem
which may be experienced even up to angles
of attack of 20° or 25° in some cases in the form
It is of interest to
note that at an angle of attack of 55° and a lift
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FicURE 51-14—Aerodynamics of parawing.

coefficient of about 1.3 the wing has not yet
stalled. In the plot at the top of figure 51-14
it can be seen that the pitching-moment curve
has a normal stable slope at angles of attack
above about 15°, but below this angle the para-
wing is statically unstable. Research has indi-
cated that this instability at low angles of at-
tack, which is an inherent characteristic of the
parawing because the fabric goes slack, can
be a serious problem and may under some con-
ditions even result in a tendency to enter an
end-over-end tumbling motion. It thusappears
desirable to operate the parawing at all times
well away from this critical low-angle-of-
attack range in order to avoid this problem.

The upper plot in the right-hand side of figure
51-14 shows small positive directional stability
(Onﬁ) and a large value of effective dihedral
(—Cy) which are typical values for parawings.
As for dynamic lateral stability, the Dutch
roll damping observed in parawing flight tests
to date has been generally satisfactory, but
there have been some cases of poor Dutch roll
damping when very large destabilizing bodies
such as boosters were suspended beneath the
parawing.

The plot at the bottom right-hand side of
figure 51-14 shows that a maximum L/D of
about 3.5 was obtained at an angle of attack of
almost 40°. This is a typical value for paraw-
ing configurations tested to date with large
inflatable leading edges. It is possible to real-
ize considerably higher values of Z/D by going
to configurations with smaller leading edges,
higher aspect ratio, and changes in the wing
canopy shape as indicated in figure 51-15.

n

This figure presents data for parawings with
rigid, streamlined leading edges having two
different aspect ratios (2.8 and 6), and two dif-
ferent canopy shapes which may be called coni-
cal and cylindrical. With the conical canopy
shape, which has been used on most parawings
to date, the canopy assumes the shape of a por-
tion of the surface of a cone; whereas with the
cylindrical canopy, the canopy assumes the
shape of a portion of a cylinder having its axis
parallel to the keel. The long-dash—short-
dash curve shows a maximum L/D of about 6
for the aspect-ratio-2.8 conical-canopy wing.
The fact that the Z/D of this wing is higher
than that for the wing of figure 51-14 is at-
tributed primarily to its smaller, more stream-
lined leading edges. The long-dash line shows
that increasing the aspect ratio of the conical-
canopy wing to 6 causes an increase in L/D to
almost 8, Changing to the cylindrical-canopy
shape increases the L/D to 10 for the aspect-
ratio-2.8 wing and to almost 14 for the aspect-
ratio-6 wing. It should be pointed out that
these large increases in L/D are obtained at the
expense of a somewhat more complicated struc-
ture and that more information is needed on
these higher L/D configurations before it can
be determined how practical they will be. In
any event, one important conclusion that can be
drawn from these data is that it should even-
tually be possible by careful design and devel-
opment to increase the L/D of parawing re-
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Fioure 51-16.—Parawing longitudinal control.

covery systems considerably above the value of
about 3.5 expected for Gemini.

The basic characteristics of parawing longi-
tudinal control by center-of-gravity shift are
illustrated in figure 51-16. The upper plot in
this figure shows the pitching-moment curves
resulting when the center of gravity is shifted
forward from B to A or rearward from B to C.
When the center of gravity is shifted forward
to trim at a lower lift coefficient (point A), an
increase in stability is also obtained as indi-
cated by the increased slope of the curve. Con-
versely, there is a reduction in stability when
the parawing is trimmed to the higher lift coeffi-
cient (point C). Presented in the plot at the
lower left is a typical variation of control force
with lift coefficient which shows that the stick
forces are unstable—that is, a pull force is re-
quired for trim at the lower lift coeflicients and
a push force at the higher lift coeflicients.
(Additional information on parawing control
forces is presented in ref. 9.) Because the stick
forces are unstable and also rather large for a
parawing large enough to carry the Gemini
spacecraft, a powered control system is indi-
cated for such applications.

Figure 51-17 illustrates the parawing lateral
control, which is obtained by a lateral center-of-
gravity shift that also corresponds to a banking
of the wing for control. The formula and sketch
at the upper left indicate that the net rolling-
moment coeflicient produced is not only a func-
tion of the lift coefficient and the distance the
lift vector passes from the center of gravity but
is also affected by the factor in parentheses
which includes the effective dihedral parameter
—Cy;, the directional stability parameter Cy,
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FIeure 51-17.—Parawing lateral control.

and the lift-drag ratio L/I). This factor is used
to account for the fact that a wing-bank control
produces adverse yawing moments which act
through the stability parameters to effectively
reduce the rolling moment. At the lower left,
values of this factor for parawings with thick
and thin leading edges are shown plotted against
lift coefficient. The factor never gets larger
than about 0.5 and, in the case of the thin-
leading-edge parawing, drops to about 0.1 at
the higher lift coefficients. A zero value of the
factor would, of course, indicate no control
effectiveness.

In the plot on the right of figure 51-17, the
roll-control forces experienced with the wing-
bank control are compared with those for a
wing-tip control which may be considered
equivalent to an aileron control on a conven-
tional wing. Two values of z/b are shown for
the wing-bank control, the value of 0.50 cor-
responding to that used on the Gemini parawing
recovery system and the value of 0.135 being a
value used on one research configuration. The
point to be made from this plot is that for a
given rolling moment, the control forces with a
wing-bank control system will be considerably
higher than those with an aileron-like wing-tip
control. Here again, it appears that a powered
system is required to operate the wing-bank
control on a Gemini-sized parawing.

A photograph of a parawing research vehicle
built and flown at the NASA Flight Research
Center at Edwards, Calif., is shown in figure
51-18. The vehicle is towed to altitude by an
airplane and then cut loose to glide back to
earth while performing various studies of para-
wing flight characteristics. Control is achieved
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FicURe 51-18—NASA parawing research vehicle.

by tilting the wing with respect to the fuselage
hanging underneath. Although some stability
and control problems have been encountered in
these tests, the results have been generally en-
couraging and have proved the feasibility of
performing satisfactory flared landings with a
parawing. Checkout flights will be made in
the vehicle by some of our astronauts in the near
future to provide some preliminary experience
with a parawing vehicle having some of the
same flight charactertistics as the Gemini re-
covery system.

Rotor Recovery System

Figure 51-19 presents some information on
a rotor recovery device, sometimes called a
rotorchute. In this scheme, the rotor blades are
stowed in some manner during reentry and are
then extended for landing.” The attractiveness
of the rotorchute lies in its capability for both
gliding and vertical flight with the ability to
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perform flared landings with essentially zero
vertical and horizontal ground speed. Figure
51-19 shows calculated values of (L/D)uax for
a spacecraft-rotorchute recovery system having
a gross weight of 8,000 pounds with disk load-
ings varying from about 4 to 16 Ib/ft?. For the
disk loading of 16 lb/ft? the blades would not
need to be folded except at the root; whereas
for the disk loading of 4 1b/ft?, a fold in the
middle of the blades would also be required.
The values of (L/D)uax increase from about 2
to 4 as the disk loading is reduced. Experience
to date with power-off helicopter landings in-
dicates that flared landings of rotorchutes with
a disk loading of 4 1b/ft? could be made fairly
easily, but with a disk loading of 16 1b/ft? they
would be extremely difficult to perform unless
some automatic features were incorporated.

CONCLUDING REMARKS

Perhaps the principal significance of the in-
formation presented in the paper is that when
a parachute is replaced by a glide-landing re-
entry vehicle or a glide-landing recovery device
in order to give the astronaut greater latitude
in the choice of a landing site, additional prob-
lems in low-speed aerodynamics are introduced,
and careful attention must be given to the solu-
tion of these problems to insure a safe landing
at the end of each space mission.

BLADES NO BLADE
FOLDED ONCE FOLDING
S e
V=53 KNOTS
Vy=24 FPS
4 V=74 KNOTS
(%) vv-so FPS
MA; ]
Xz T
i L L )
0 4B 12 16
DISK LOADING, ——Z,LB/FTZ

F1GURE 51-19.—Rotor recovery device. W=8,000 1b.
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SUMMARY sonic solutions to this class of vehicles is shown

although these solutions cannot always be applied with-

The problems of efficient hypersonic flight of boost- out extensive modification. Particular attention is

glide and air-breathing vehicles are reviewed for the glven to the problems of interference between major

areas of aerodynamics, stability and control, heating, vehicle components and the internal flow problems of
and air ingestion, The application of clagsical hyper- air breathers.
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INTRODUCTION

In the development of an efficient hypersonic
vehicle, all of the classic problems associated
with lower speed aircraft must be resolved to-
gether with the additional problems imposed
by the more severe environment encountered
at hypervelocities.

Pictorially, figure 52-1 shows some of the
aerodynamic problem areas that might be im-
portant to a given hypersonic vehicle, A re-
view of the present technology as applied to
these problems plus that of providing a ma-
chine with high lift-drag ratios is the subject
of this paper. As a larger problem area, the
airplane must be trimmable and the provision
of stability about all three axes is desirable.
Another general problem is that of predicting
the aerodynamic heating to all parts of the
vehicle. This problem not only includes pre-
dictions on smooth skins, leading edges, and
nose, but also the effects of both production-
type and temperature-induced surface rough-
nesses or distortions. Where surfaces intersect,
the so-called “corner problem” occurs and the
the effect on heating, for example, must be eval-
uated. Similarly, for the case of a shock which
intersects parts of the airplane, flaps or fins used
for control will have separate heating and vis-
cous problems.

In a vehicle with provision for air-breathing
propulsion such as the one shown here, another
set of problems must be solved. The inlet,
which is the main concern here, must be able
to accept large quantities of air in as precom-
pressed a form as possible. At the same time,

SHOCK INTERSECTION
CORNER HEATING

i —— —— ——

W e

SURFACE
ROUGHNESS
¢ TRIM AND STABILITY
* AERODYNAMIC HEATING

Freure 52-1—Aerodynamic problem areas.

the inlet lip and surfaces must survive the high
heating rates to which they will be exposed and
further compress the air for use by the propul-
sion system.

SYMBOLS
c wing mean aerodynamic chord, ft
Cp.min minimum drag coefficient
CL lift coefficient
Cr, lift-curve slope at zero angle of attack
Cn pitching-moment coefficient
Cow specific heat of gas at wall temperature,
ft?
sect—°F
D drag, b
h heat-transfer coefficient; height
Iy gpecific impulse, sec
L lift, 1b
L/D lift-drag ratio
4 length, ft
M Mach number
M, Mach number at which combustion occurs
Ny, Stanton number
b4 static pressure, psf
q free-stream dynamic pressure, psf
R Reynolds number
r radius, ft
8 wing planform area, sq ft
T wall temperature, °R
vV volume, cu ft
Vorbitar  satellite velocity, fps
Vo free-stream velocity, fps
w weight, 1b
x linear distance from nose apex or leading edge
for two-dimensional wings
y spanwise distance measured from corner
a angle of attack, deg
3 control deflection angle, deg
€ emissivity
A leading-edge sweep angle, deg
@ angle of ray through wing vertex measured
from center line, deg
Po density of gas at sea level, slugs/ft?
Subscripts:
Body body length
c wing root chord; capture
! tip flap
inf value for infinite cylinder
j jet exit
max maximum
n nose
© free stream
¢ throat
i inviscid
w wall
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F16URE 52-2.—Glider environment.

VEHICLE OPERATING ENVIRONMENT

At this point, it is instructive to examine
the environment in which the hypothetical ve-
hicle will be functioning. In figure 52-2 the
solid lines outline the velocity-altitude corridor
in which the vehicle must fly. The lower line
represents a limitation imposed by the maxi-
mum load that the structure will support and
the upper line indicates an altitude above which
aerodynamic lift fails to support the airplane
weight. The lower limit may be somewhat
pessimistic but the upper limit is believed to be
overly optimistic. For the purposes of this
paper, they suffice.

The upper left-hand corner of figure 52-2
illustrates how aerodynamic heating can fur-
ther limit the extent of the flight corridor. As-
sume that the nose of the vehicle is a sphere of
radius 1 foot. If this sphere is radiation
cooled, the temperature limitations of the mate-
rial composing the sphere determine the path
which the vehicle must follow so that the sphere
remains intact.

The radius of a sphere required to maintain a
given radiation equilibrium temperature at ar-
bitrary dynamic pressures may be obtained by
equating the classic equations for radiative heat
transfer to those for aerodynamic heating, In
this case Lees’ approximate equation for the
aerodynamic heating at the stagnation point of
a sphere was used. (See ref. 1.) The result
for planetary atmosphere, in general, is as
follows:

n7

2.0 2

3.05X10° [(1000) 1000 1000
(Vorbltal y (T /1000)8

1000
and for the earth atmosphere specifically

[Go) 12 5
__0.00436 [ \1000
)

)

1000
(T ,/1000)®

)

By assuming various equilibrium wall tem-
peratures that must be maintained with a sur-
face emissivity of 0.8, the dashed lines were
obtained. If the wall temperature of the
spherical nose has to be as low as 3000° R, the
maximum velocity is limited to about 15,000
feet per second. If a higher performance ma-
terial is assumed, a neck opens in the corridor,
although the allowable range of flight altitudes
is limited. This condition occurs in the neigh-
borhood of a Mach number of 20. If through
advances in material technology the wall tem-
perature of the spherical nose could be allowed
to rise to 5000° R, a much lower altitude tra-
jectory can be followed by the glider.

The other curves in figure 52-2 which inter-
sect the flight corridor are concerned mainly
with viscous effects. In the upper right-hand
corner are shown curves along which various
unit Reynolds numbers would be obtained. If
vehicles with lengths on the order of 100 feet are
of the proper size to be considered, when the
numbers shown here are multiplied by 100 it is
indicated that extensive regions of turbulent
flow will probably occur on the vehicle over
much of the corridor.

In the lower left-hand corner are shown
curves for various values of the hypersonic
interaction parameters M3/yR at a length
of 1 foot. This parameter determines the
importance of effects induced by thick hyper-
sonic laminar boundary layers. These are
the boundary-layer “displacement” or ‘‘self-
induced” effects. (See refs. 2 and 3.) The
larger the value of Af3/4/R the more im-
portant are the self-induced effects. It is
clear that viscous effects involving thick
boundary layers can be important in the same
region that heating is critical, that is, in the
region of a Mach number of 20.
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The lower right-hand section of figure 52-2
contains parameters which are a form of the
Knudsen number and indicate the regime of
flow as outlined by Tsien. (See ref.4.) The
values of these parameters indicate that the
main interest lies in the continuum flow region
within the flight regime. It is only at the
extreme altitudes that low-density effects might
be significant. The more recent work of Prob-
stein (ref. 5) on the delineation of the flow
regimes for blunt bodies also gives this result.

" PERFORMANCE AND STABILITY
Effect of Vehicle Shape on Lift-Drag Ratio

The importance of high lift-drag ratios for
low to moderate hypersonic speeds has long
been recognized. (See ref. 6.) The vehicle
shapes that constitute the best approaches to
obtaining high lift-drag ratios are still prime
food for controversy. Asshown in figure 52-3,
three main vehicle types have been consid-
ered—the flat top or body suspended below
wing, the flat bottom or body mounted above
wing, and the intermediate shape which has
the body symmetrically arranged on the wing.
The principle of the flat-top type which
utilizes favorable interference was indepen-
dently suggested by several investigators. (See
refs. 7 to 10.) This wing-body arrangement in
its various forms utilizes upwash and pressure
lift on the wing due to the body to obtain in-
creased aerodynamic efficiency. Because of the
behavior of the body pressure field with flight
speed, optimum aerodynamic efficiency for these

0 FLAT TOP
0 SYMM =

FLAT BOTTOM

4 18 22 26
€Ly / Co,min, PER DEG

[Ke} 3.0

Ficure 52-3.—Configuration comparison on basis of
aerodynamic efficiency. M o =3 to 10.
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configuration types is Mach number limited.
The flat-bottom type was proposed mainly as a
means to put the body into a more shielded
region and thus decrease the heating load on
the configuration.

Linearized theory indicates the maximum
lift-drag ratio of symmetrical wings is a function
of the lift-curve slope divided by the minimum
drag coefficients. Data for (L/D)g obtained
by Clarence A. Syvertson, Hermilo R. Gloria,
and Michael F. Sarabia at the Ames Research
Center and William O. Armstrong and Charles
L. Ladson at the Langley Research Center
on the various random configuration types
over a range of Mach and Reynolds numbers
are shown as a function of Cp /Cpuin in
figure 52-3. The solid line represents the
prediction of linearized theory and the data
arrange themselves about this line. In general,
at the higher values of L/D the flat-top types
have the highest maximum lift-drag ratios;
the flat bottom, the lowest; and the symmetri-
cal types, intermediate values. At the lower
values of L/D, for example, about 4, the dif-
ferences in L/D between the various shapes
tends to disappear on this plot.

If a constant value of (L/D)n.x is examined,
for example 5, a large range of the parameter
Cr,/Cbmin is covered. What this means, how-
ever, in terms of avsilable volume and the
accompanying wing area which affects the struc-
tural efficiency remains to be determined. In
figure 52—4 the details of the vehicle configura-
tions which generated this particular value of
(L/D)max are shown. The lift-drag ratios of
these configurations are shown in figure 52-5
as a function of the much used volumetric effi-
ciency parameter, that is, volume to the 23
power divided by the vehicle planform area.
Note that the vehicle on the far right has a
planform area less than 30 percent of that of
the configuration on the far left even though
the bodies of the two configurations are iden-
tical. Some penalty, however, accrues to the lift
coefficient as the volumetric efficiency is in-
creased as shown at the top of this figure. In
proceeding from the lowest volumetric efficiency
configuration to the highest, there is a loss of
about 30 percent in lift coefficient.
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F16URE 52—4.—Details of configurations used in aerodynamic efficiency study.

These data are for essentially constant body
length. If results for other constraints such as
constant volume or constant planform area were
to be evaluated, the Reynolds numbers would
have to be adjusted accordingly. Table 52-I
gives volume, planform area, and length under
the various geometric constraints as a ratio to
its value for configuration 1. Note that, when
the configurations are adjusted to constant body
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F16URE 532-5.—Volumetric efficiency variation at a given
(L/D) max.
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volume, the body length does not vary greatly
over this range of configurations.

It should be noted that any inference from
figure 52-5 that (L/D)max is relatively inde-
pendent of volume should be avoided. Actu-
ally, data not included herein indicate that for
a given wing planform and wing-body orienta-
tion, an increase in volume can significantly
lower the (Z/D)max capability of a configura-

_ tion. The data of figure 52-5, however, indicate

that this result is not necessarily true when a
variety of configurations are considered so that
apparently a great deal more flexibility in con-
figuration design is available to the aerodynami-
cist than was previously realized.

In the comparison, a wide range of volumetric
efficiencies is covered by a number of miscel-
laneous shapes. Of course, one problem is to
provide the volume distribution in such a way
as to allow a proper weight distribution. For
these purposes, a cone is poor. The second
configuration from the right, where the body
is a 34 power shape, is an improvement over a
cone in regard to volume distribution. This
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TasLE 52-1.—Geometric Properties of Configurations With Various Constrainis

Constant body length | Constant body volume | Constant planform area

Configuration %

ViV, 8/8; i S/81 Ul Vv,
) 0. 052 1 1 1 1 1 1
2 .. . 083 . 50 . 38 1. 26 .61 1. 62 2. 11
. S . 088 50 . 36 1. 26 . 57 1. 67 2.33
[: S . 089 . 56 1 . 56 1.33 2.37
| S . 120 1.24 . 49 .93 .42 1. 43 3. 64
[T . 132 .38 1 .38 1. 61 4, 22
[ . 143 1. 97 . 55 . 80 .35 1.35 4, 80
8 . 183 1 . 28 1 .28 1. 91 6. 93

configuration type will now be examined  expected since it indicates a high efficiency for

further.

The body for this configuration was arranged
on a fixed wing in three different ways: (1) with
the body suspended below the wing as presented
previously, (2) with the body above the wing,
and (3) with the same volume distribution but
with a circular cross section arranged sym-
metrically on the wing. Experimental results
for these configurations are shown in figure
52-6. At Mach number 6.8, the flat-top and the
midbody arrangements have about the same
value of (L/D).ax and are clearly superior in
this respect to the flat-bottom arrangement. At
Mach number 9.6, however, the value of
(L./D) nax 18 decreased and the flat-top and flat-
bottom arrangements appear about equal, some
superiority being exhibited for the midbody
arrangement.

Based on the reasoning in terms of momen-
tum considerations on which the flat-top devel-
opment is based, this result might not be

{L/DImax

0"’" :

Ficure 52-8.—Effect of wing location on (L/D)mu of
high-volume configuration.
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the midbody. Actually, these results indicate
inadequacies in the knowledge of predicting op-
timum aerodynamically efficient configurations
with volumetric and linear-dimension con-
straints and the penalties incurred by operation
at off-design conditions. Much additional work
must be accomplished on a larger and more com-
plex variety of configurations before sufficient
information is in hand to allow competent pre-
liminary designs of practical configurations.
For instance, the merged-wing—body design
appears theoretically promising but essentially
no experimental information on this type isnow
available. Unfortunately, because of the com-

Freure 52-7.—Jet expansion in base of configuration 7.
Pi/Po=468T; M=6.8; Raoy=4X10"
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plex interfering flow fields that occur over even
the simplest of these configurations, experimen-
tal research must be depended upon to provide
the necessary information since theoretical
treatment is not reliable at present.

If air inlets have to be provided, research will
have to determine how this capability can be
provided with minimum aerodynamic penalty.
One of the problems of integrating propulsion
and airframe is shown in figure 52-7. A
schlieren photograph of tests at a Mach number
of 6.8 illustrates the potential interference be-
tween the jet exhaust field and the aft portion
of a wing when the jet is highly expanded as
at high altitudes. The jet boundary also in-
duces a separated-flow region over the aft por-
tion of the fuselage which could also signifi-
cantly affect vehicle stability.

Effect of Trim and Directional Stability
on (L/D)yax

It should be noted that the foregoing data
were primarily obtained on simple wing-body
combinations with no provisions for nose or
leading-edge blunting, longitudinal trim, or di-
rectional stability. In general, these complica-
tions will tend to reduce (L/D)msx values below
those previously shown; however, some infor-
mation is available which indicates that trim
penalties need not be excessive. These results
were obtained at a Mach number of about 6.8
and are shown in figure 52-8. On the left of
the figure the pitching-moment and the lift-
drag ratio characteristics for the 34 power body
configuration, previously discussed, are shown
for a representative center-of-gravity position
at 46-percent mean aerodynamic chord. Data
are presented for both the flat-top and flat-
bottom versions of this configuration. The data
indicate that the flat-top configuration trims
(Cn=0) near (I/D)mx with no longitudinal
control deflection necessary ; thus, the trim pen-
alty on (L/D)ma for this configuration is es-
sentially zero. On the other hand, the data for
the flat-bottom version of the same configuration
produces the negative pitching moments (char-
acteristic of flat-bottom types) which must be
overcome for trim with a negative control de-
flection if conventional trailing-edge controls
are employed. Since negative control deflection
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Ficure 52 8—Effect of trim and directional stability

on (L/D) max. Mo =68.

implies primarily a loss in lift, it also implies
a decrease in (L/D)max at trim for the flat-
bottom types. However, a significant loss in
L/D is not necessary ; this fact is indicated by
the data obtained by Robert W. Rainey at the
Langley Research Center for the flat-bottom
configuration shown at the right on figure 52-8.
On this model, provisions were made for deflec-
tion of the forward portion of the nose. With
the nose portion undeflected, the characteristic
negative pitching-moment variation with lift
coefficient results. With the nose portion de-
flected to give positive lift, however, the altered
pitching-moment characteristics are similar to
those of the flat-top configuration (on the left
of fig. 52-8) so that trim is now obtained with
only a slight reduction in (Z/D)mx Trailing-
edge controls were also included on this con-
figuration but, since the control area was
insufficient to provide trim at (L/D)max, these
results have not been included. The trends of
the data, however, indicated that, with this con-
trol alone, significant trim penalties in
(L/D)max could be expected. The effects on
trimmed (L/D)ma of providing directional
stability to these configurations are shown by
the additional data included in figure 52-8. In
order to provide directional stability, the wing
tips of the configuration on the left-hand side
of figure 52-8 were turned down 45° and wing-
tip fins were added to the configuration on the
right, TIn both cases these modifications had
small effects on the resulting pitching-moment
characteristics but significantly lowered the
(L/D)max at trim.
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HEAT TRANSFER

Heat Transfer to Lower Surface of Delta Wing

In order to present a clear picture of the
overall distribution of heat-transfer rates and
their relation to the external flow fields, the first
part of this discussion will be based on fully
laminar data at M., =9.6 obtained by James
C. Dunavant at the Langley Research Center.
Consider the sharp-leading-edge delta wing; it
is geometrically simple but should still indicate
the general behavior of the heat transfer to a
blunt wing far from the leading edge. Figure
52-9 shows the trend of heat transfer with
angle of attack for points along the center line
of a flat delta wing. The results are presented
in the form of the laminar flat-plate correlating
parameter (Stanton number times the square
root of Reynolds number based on distance from
the nose) with fluid properties evaluated at
free-stream conditions.

Up to an angle of attack of about 20°, the
heat transfer increases with angle of attack
about as expected for a flat plate, as shown by
the solid curve in figure 52-9 labeled “strip
theory.” At higher angles of attack, the data
depart from the strip theory trend and ap-
proach the dashed curve predicted by crossflow
theory, which regards the wing as a succession
of independent spanwise strips in two-dimen-
sional crossflow. The crossflow approach ne-
glects effects of the chordwise component of the
flow. A more refined and more nearly correct
approach is given by the streamwise divergence

T E{)RY
STREAMLINE 8
DIVERGENCE

THEORY-

a,DEG

Fi6URrE 52-9.—Heat transfer to the center line of a
delta wing over angle-of-attack range from 0° to 90°.
A=T5°; M»=98.

theory shown by the dot-dashed line which fits
the data well. (See ref. 11.) Above an angle
of attack of about 60°, the wing shock is curved
and the correlation based on a single charac-
teristic length, the distance from the nose, can
be expected to break down.

The effect of turbulent flow is a larger un-
known than that of laminar flow previously
considered. As noted earlier, over a large part
of the flight corridor the Reynolds numbers are
high enough that considerable regions of tur-
bulent flow might be anticipated on the vehicle.
Heat-transfer data have been obtained by James
C. Dunavant of the Langley Research Center
over a wide range of Reynolds number on the
same delta wing on which the results shown in
figure 52-9 were obtained. These data how-
ever were taken at a Mach number of 6.8 and an
angle of attack of 16°. In figure 52-10 only
data on the center line of the flat delta wing are
shown. The data were obtained at a stagna-
tion temperature of about 650° F and a skin
temperature of about 100° F.

The data are laminar up to a Reynolds num-
ber of about 400,000 as indicated by a compari-
son with Iaminar theory (Monaghan T method,
ref, 12). The flow is then transitional to a
Reynolds number of about 10¢ and appears to be
fully turbulent above this value of Reynolds
number. The data of the highest Reynolds
numbers show good agreement with the turbu-
lent theory (Van Driest, ref. 13) even though
the turbulent theory assumes turbulent flow
from the leading edge.

Ol g

RQ,X

Ficure 51-10.—Heat transfer on center line of delta
wing. Sharp leading edge; A=T75°;, M =638,
x=16"°.
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The surface flow patterns obtained by James
C. Dunavant corresponding to the heat-transfer
data are shown in figure 52-11. These are trac-
ings of oil-flow streak patterns formed by flow-
ing lubricating oil impregnated with carbon
black at a Mach number of 9.6. The patterns
are shown in 15° increments from 0° to 60°.
At the far left on figure 52-11 the pattern for
zero angle of attack is shown. Here the sur-
face flow is directed toward the center line of
the wing because of the pressure gradient in-
duced by the thick laminar boundary layer.
This case was considered in some detail in ref-
erence 14 and additional information is given
in a following section. With increasing angle
of attack as shock loss effects start to predomi-
nate, the flow at the surface turns out from the
center as shown in the three figures to the right.
At an angle of attack of 15° the flow is away
from the wing center line but still comes in
across the leading edge. At an angle of attack
of 30° the flow has turned out to such an extent
that in the sense of the airflow direction the
geometric leading edge has become a trailing
edge. An interesting feature of the flow at an
angle of attack of 30° is the appearance of a
parting line at about 12° from the center line of
the wing. At an angle of attack of 45° the
flow is very close to radial in the center region
of the wing and above this angle of attack the
parting line is not a feature of the surface flow
lines. At an angle of attack of 60° the flow
lines which for the most part were more or less
straight at lower angles of attack appear to be
hyperbolic in nature. It may be seen that the
patterns show conical symmetry at angles of
attack of 30° and greater.

am0°  amis®  am30° am45®  am™eo°

Fieure 52-11.—Lower-surface flow patterns on flat
delta wings. A=T5°; M »=90.6.
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Much of the problem of predicting the heat
transfer to a delta wing over a wide range of
angle of attack is the changing flow pattern
with angle of attack. Simple approaches to
predicting the heat transfer will only be suc-
cessful if the flow pattern peculiar to the
angle-of-attack range under consideration is
taken into account. For high L/D vehicles, it
is the low angle-of-attack range that is general-
ly of interest.

At low Reynolds numbers and high Mach
numbers thick laminar boundary layers may
have large effects on local pressure, skin fric-
tion, and aerodynamic heating. How these
boundary-layer self-induced effects affect the
chord force on a delta-wing configuration was
shown in figure 5 of reference 15. The config-
uration analyzed was actually configuration 4
of the present paper (see fig. 52—4) tested at a
Mach number of 9.6. Some additional informa-
tion is now available on the local pressure and
heat transfer to a delta wing at an angle of
attack of 0°.

Consider first the «=0° flow pattern pre-
sented in figure 52-11. The boundary-layer in-
duced-pressure gradient has caused the low-
energy air in the boundary layer near the sur-
face to flow toward the center of the wing and
to pile up along the center line. However, be-
cause of this very gradient, the streamlines ex-
ternal to the boundary layer must be away from
the center of the wing. The angle between the
surface flow direction and the external stream-
line increases with increasing Mach number.
(See ref. 14.)

Pressures and heat transfer measured on a
75° sweep delta wing at three hypersonic Mach
numbers by James C. Dunavant are shown in
figure 52-12. Mach number 6.8 and 9.6 data
are from tests in air and the Mach number 17.8
data are from tests in helium. The pressure
data shown in figure 52-12(a) show reasonable
agreement with the theoretical two-dimensional
boundary-layer displacement pressures. How-
ever, the result is different for the heat-transfer
data shown in figure 52-12(b) which were ob-
tained at essentially the same three Mach num-
bers as the pressures. The heat-transfer re-
sults, shown in terms of the laminar correla-
tion parameter (Stanton number times the
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(a) Pressures.
FieUre 52-12.—Variation of pressure and heat transfer

with Mach number.
wing; a=0°,

A=75°; flat sharp-edge delta

square root of Reynolds number based on tun-
nel test-section static conditions), are plotted
against Reynolds number based on streamwise
distance from the leading edge. At a Mach
number of 6.6, the data in general group
around the theory but the data in the region
of the wing near the center line tend to lie below
the theory (ref. 16). At Mach numbers of
9.6 and 17.8, the heat transfer is increased
above the value from constant-pressure strip
theory for the points nearest the leading edge.
This increase is due to boundary-layer induced
pressures. There is, however, a dropoff in the
value of the heat-transfer parameter with dis-
tance from the leading edge, and at the farthest
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(b) Heat transfer.
FI16URE 52-12.—Concluded.
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distances from the leading edge there is a large
discrepancy between data and theory. The de-
viation between theory and data increases with
increasing Mach number and is attributed to
the flow of low-energy air in the boundary layer
toward the center line of the wing.

Corner Heating

As mentioned early in this paper, a corner
problem exists wherever two surfaces which
form part of the airplane intersect at an angle.
For example, this could be the intersection of
a wing with a body or a fin and could be an in-
ternal or an external corner. A knowledge of
corner effects on local pressures and heating is

(a) Sketch of model.
F16URE 72-13.—Heat transfer to a 90° corner at a
Mach number of 8.

clearly necessary. Actually, not a great deal
of work has been done on corner effects. (Gersten
in reference 17 summarizes the results obtained
in incompressible flow. Stainback’s results for
pressure and heat transfer at a Mach number of
5 (ref. 18) are compromised by what appears to
be tunnel interference. The Princeton results
(ref. 19) give pressure measurements in a corner
and the recent Boeing results (ref. 20) give both
pressure and heat-transfer results at a Mach
number of 16. Some recent heat-transfer data
obtained by P. Calvin Stainback in the Langley
Mach 8 variable-density tunnel on a simple 90°
corner model are shown in figure 52-13. Each
of the plates making up the model (fig.
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52-13(a)) had a span of 4 inches and an overall
length of 11 inches. The leading edges were un-
swept and sharp. Instrumentation extended
from close to the corner to 2 inches from the
corner. The symbols shown for the given values
of longitudinal distance x are the coding used
in figure 52-13(b).

Based on the incompressible results, the data
in the form of the laminar heat-transfer cor-
relating parameter were plotted against angular
spacing from the corner as shown in figure 52—
13(b) for the model surfaces alined ‘with the
flow. Data at two unit Reynolds numbers are
shown, one of which is roughly 40 times the
other. At the lowest unit Reynolds number the
correlation on the basis of the parameters used
is believed to be good. At large values of y/x
where the corner does not influence the flow,
the laminar flat-plate theory (ref. 12) closely
predicts the level of heat transfer except for
the stations closest to the leading edge. The
increased heat transfer at these stations is at-
tributed to boundary-layer displacement effects.

As the corner is approached, there is at first a
general dip in the heat-transfer level. This dip
occurs ahead of the free-stream location of the
Mach wave from the vertical plate (vertical
dashed line). Closer to the corner, there is a
rapid increase in heat transfer to a peak roughly
40 percent greater than in the undisturbed flow
far from the corner. Approaching the corner
after the peak, there is a decrease in heat trans-
fer as predicted by reference 21. Reference 21,
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F16URE 52-13.— (b) Model alined with flow.
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F16URE 52-13.— (¢) Model yawed 5°.

however, predicts only a uniform decrease from
the flat-plate value to 0 in the corner. The
general shape of the curve is similar to that
obtained from local shear variations in a corner
in incompressible turbulent flow. (See ref. 17.)

At the higher unit Reynolds number in figure
52-13(b), the description is much the same
except that the stations farthest back on the
model show evidence of transition. At the rear
stations there is evidence that the turbulent
flow is inhibited as the corner is approached,
since the data from these stations close to the
corner fair into similar data obtained at the
more forward stations.

Because of the success in correlating the data
with the surfaces alined with the flow, the same
approach was taken with the results obtained
at 5° yaw. In the yaw case, it is the vertical
surface that is at an angle of attack of 5° and
the horizontal instrumented surface is at an
angle of attack of 0° although the leading edge
has been rotated 5°. These data are shown in
figure 52-13(c). The laminar flat-plate corre-
lating parameter (Stanton number times square
root of Reynolds number) is shown as a func-
tion of angular spacing from the corner. The
correlation is good where the corner does not
influence the flow (that is, large y/x) and lami-
nar flat-plate theory closely predicts the level
of heat transfer in this region. As the corner is
approached, there is at first a general dip in the
heat-transfer level. This dip occurs ahead of
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F1gURE 52-14.—Peak values of corner heating at a Mach
number of 8 and with 5° yaw.

the free-stream location of the shock from the
yawed plate shown by the vertical dashed line.
Closer to the corner, there is a rapid increase
in heat transfer to a peak generally much
greater than in the undisturbed flow far from
the corner.

The data in the high heating region close to
the corner obviously do not correlate in the
parametric form shown. The peak values of
heating in the form of Stanton number alone
were then taken and plotted against the Reyn-
olds number based on distance from the leading
edge at which this peak heating occurred. The
data in this form are presented in figure 52-14.
For reference purposes, laminar and turbulent
flat-plate theory for a Mach number of 8 are
included in this figure. The level of this flat-
plate theory would be somewhat raised if the
pressure increase behind a shock caused by a
5° deflection was taken into account.

At a given unit Reynolds number the peak
heat-transfer coefficient is more or less inde-
pendent of Reynolds number based on x-dis-
tance. The horizontal dashed lines are arbitrary
fairings of these data at the various unit Reyn-
olds numbers. The peak Stanton number,
however, does decrease with an increase in unit
Reynolds number. Thus some interesting re-
sults have been obtained but, as yet, the informa-
tion is incomplete. For one thing, the peak
heat-transfer coefficient is a function of a dimen-
sional quantity. The pressure results corre-
ponding to these heat-transfer data are not yet
available and, when obtained, may aid in
evaluating these results. The available infor-
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mation would still be meager because practical
leading edges would be blunted, probably swept,
and may not meet at a 90° angle. Even less
has been done on the external corner than on the
interior corner. This is a problem that needs
a great deal of future study.

Shock Impingement

Not much work has been done on shock-
impingement effects as a separate problem al-
though some of the results of corner investiga-
tions are probably applicable. Ivan E.
Beckwith at the Langley Research Center has
obtained some heat-transfer and pressure results
on a rod protruding from a 8° wedge as shown
in figure 52-15. The circular rod was swept
back 60° from a normal to the free-stream flow
direction. The measurements, when comparison
is made with previous work (ref. 22), showed
the flow over the rod, including the stagnation
point, to be turbulent. No effect of the shock
impingement can be detected in either the stag-
nation-line pressure or heat-transfer measure-
ments. An appreciable increase in pressure and
heat transfer can be found in the vicinity of the
juncture of the rod and wedge. At least part
of this increase can be attributed to the oblique
shock which occurs near the base, although some
boundary-layer separation may complicate the
picture.

It would appear that for these conditions,
shock-impingement effects were not important ;

Freugre 52-15.—Effect of shock impingement on swept-
cylinder stagnation-line pressures and heat transfer
at M »=4.15 and R d=1.TX10".
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however, much more work needs to be done
before a definitive answer can be given. Ix-
periments need to be made at higher Mach
numbers, at various shock strengths and sweep,
and for laminar and turbulent boundary layers.

Heating on Surface Distortions

In previous considerations of aerodynamic
heating, the experimental data were obtained on
smooth models. In the case of actual vehicles,
however, the skin may be significantly irregu-
lar. Such irregularities may be the result of
structures choice and the high heating rates and
temperatures to which the vehicle surface is
subjected. A recent experimental program at
the Langley Research Center represented dis-
tortions to the surface in an idealized way.
One main group of these irregularities repre-
sented a distortion as a single sine wave on a bas-
ically flat plate. Part of this work is presented
in reference 23 for the laminar case; however,
some turbulent data have also been obtained.
These aerodynamic heating data are shown in
figure 52-16 for concave and convex sine wave
shapes on a flat plate with a sharp leading edge
at an angle of attack of 20°. The convex shape
is the mirror image of the concave shape and
the length of the wave was 714 times the depth
or height of the wave. The thickness of the
boundary layer just ahead of the sine wave
shape was small compared with the depth or
height of the wave. The data are shown in
terms of the aerodynamic heating parameter
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Fieure 52-16.—Heating distribution on sine wave
shapes. Sharp leading edge; M= 6.8; a = 20°.
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(Stanton number) as a function of Reynolds
number based on distance from the leading
edge. For each wave the data on the left of the
figure represent results at a unit Reynolds num-
ber about one fourth that of the data on the
right. The open symbols represent data ob-
tained on a flat plate at locations the same as
those for the distortion. The flat-plate data
at the lower unit Reynolds number are laminar
whereas those at the higher unit Reynolds num-
ber range from transitional to turbulent in
nature,.

With laminar flow over the concavity the
flow separates a short distance after it turns to
enter the concavity. The local heating drops
under the separation, reaches a minimum, in-
creases again, and reaches a peak of about 4
times the flat-plate value at about the point
where reattachment occurs. For the turbulent
case, the flat-plate heating is increased and the
peak heating on the concavity is about 3 times
the flat-plate turbulent values.

The convex sine wave shows a considerably
increased peak heating. In this case for the
laminar-flow results, separation due to the
bump extends well ahead of the distortion and,
at about the point of reattachment on the sine
wave, the heat transfer peaks to a value about
17 times that on the flat plate. For the turbu-
lent case, the peak increase in heating is only
about 314 times the flat-plate value.

These results are only part of the story be-
cause representative data would also include the
case where the surface irregularity height or
depth is of the same order to much thinner than
the turbulent boundary layer as well as cover-
ing a large range of Mach number. Much more
needs to be learned about surface irregularity
effects.

Heat Transfer to Blunt Nose and Leading Edges

Up to this point no detailed consideration
has been given to the blunt nose and leading
edges. Actually, studies of these blunt shapes
have been part of the literature for some time
now and are already textbook material. Some
of the sources of our knowledge of blunt-nose
heat transfer will be pointed out.

Beckwith’s theoretical work (ref. 24) to-
gether with experimental and further theoreti-
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cal work by Feller, Eggers, and Goodwin and
their colleagues (refs. 25 to 27) showed the ad-
vantage of sweep in reducing the heat-transfer
rates to blunt leading edges. The effect of
sweep on the leading-edge heat transfer was
further refined by Reshotko and Beckwith.
(See ref. 28.) Lees introduced the concept of
the frozen distribution of heat transfer over
blunt bodies and thus simplified the problem
of extrapolating the results of experiment.
(See ref. 29.)

The well-known work of Fay and Riddell
assessed the effects of equilibrium dissocia-
tion and gave correlation equations for the nu-
merical results. (See ref. 30.) In later work
which included the effects of transpiration cool-
ing on the heat transfer to a yawed cylinder,
Beckwith postulated that the stagnation-point
heat-transfer parameter might be more depend-
ent on the viscosity law assumed than on
whether dissociation occurs. (See ref. 31.)
Based on complete solutions of the boundary-
layer equations for a dissociated gas in equilib-
rium, Cohen and Beckwith found this to be the
case. (See ref.32.)

Transition to turbulent flow on yawed cylin-
ders has been investigated by Beckwith and
Gallagher at a Mach number of 4 (See refs.
22 and 33.) They found streamline curvature
to cause premature transition in many cases.
The theory in reference 33 provides a means of
evaluating the turbulent heat transfer on a
yawed cylinder. By use of Cohen’s theory (ref.
34), the heat transfer on a variety of blunt
shapes with turbulent flow may be evaluated.

PROPULSION CONSIDERATIONS

“As previously mentioned, air-breathing pro-
pulsion is being considered for high L/D
hypersonic vehicles, primarily because of its
inherent advantage of high thrust per unit fuel
flow or specific impulse. This section of the
paper will be devoted to a brief consideration
of air-breathing engines from the aerodynami-
cist’s point of view. Several types of engines
would be required to utilize air-breathing pro-
pulsion over a wide range of flight speeds as
illustrated in figure 52-17 by a bar-graph type
of presentation. The total length of each bar
denotes the probable applicable speed range for
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Fiaure 52-17.—Fngine operating ranges.

each of the engines selected for illustration.
The dark areas correspond to what may be at-
tained with current technology, whereas the
light areas would require extensions of the state
of the art and extensive research in some cases.
A turbojet engine could be used up to a ve-
locity of 3,000 fps, at which point a ramjet with
subsonic combustion velocities would take over
and operate to some higher velocity (in the 6- to
10,000-fps range). At this point the ramjet em-
ploying supersonic combustion velocities would
become effective and operate to the highest
practical velocity. The high-impulse rocket is
presented to indicate that it would be used to
supplement air breathing in areas where air
breathing proves to be marginal or not possible.
In order to avoid duplication of hardware, the
combination of two or more of these engines
into a single unit appears to be practical. In
some instances novel engine cycles are being
investigated which may fulfill special mission
requirements more efficiently. Extensive dis-
cussions of these considerations are given in the
literature. (For example, see refs. 35 and 36.)
Most of the lower speed engines which employ
subsonic combustion are beyond the basic re-
search stage; the remaining problems relate to
the development of suitable hardware.

The concept of a ramjet engine which em-
ploys supersonic combustion velocities has ex-
cited a great deal of interest in the last few
years since it offers the potential of operation
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to high hypersonic speeds. (See refs. 35 and
87.) The practical realization of the concept
requires the successful completion of much
basic research, which is a matter of interest to
universities as well as to the National Aero-
nautics and Space Administration. Conse-
quently, the ramjet engine will be discussed
briefly, particularly with regard to the aero-
dynamic aspects of the inlet.

Several features of the engine, which are
directly related to supersonic combustion cham-
ber velocities, are fundamental to its potential
operation at high hypersonic speeds. The
pressures and temperatures in the combustion
chamber can be made low enough to bring the
structural problem within reason. In addition,
the combustion chamber pressures and tempera-
tures can be maintained at levels where large
amounts of dissociation of combustion products
are avoided. In comparison’ with a subsonic
combustion ramjet, the reduced amount of com-
pression in the inlet and reduced expansion in
the nozzle will result in higher performances
for these components; however, these advan-
tages will be offset somewhat by the higher
entropy gains caused by combustion at super-
sonic velocities.

A diagrammatic cross section of the engine
configuration is presented in figure 52-18 for
the purpose of outlining the problem areas. If
the aerodynamic design of the inlet is consid-
ered, boundary-layer growth is so rapid at high
speeds that the throat of the inlet will be en-
tirely filled with boundary layer. No research
has been done on the effects of shocks on bound-
ary layers under real-gas conditions. Leading
edges will have to be blunted to avoid over-
heating, which will affect both the boundary-
layer transition characteristics and the
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F16URE 52-18.—Supersonic combustion ramjet problem
areas.
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compression field. (See refs. 38 to 42.) The
inclusion of boundary-layer bleeds or variable
geometry in the design will introduce serious
heating problems.

With regard to the rest of the engine, a great
deal of research must be done on the combus-
tion chamber to determine methods of obtaining
proper fuel mixing with a minimum entropy
gain (ref. 43) and to evaluate the combustion
process in general. One of the critical problems
associated with the nozzle is the requirement
that the flow of exhaust products have a high
degree of recombination. As mentioned previ-
ously, this problem can be controlled to a cer-
tain extent by the amount of compression in the
inlet design. An overall problem of great im-
portance is the cooling requirements for the
entire engine and vehicle. Hydrogen fue] is an
excellent heat sink; however, the required cool-
ing at the high-speed end of a flight may re-
quire fuel-air ratios greater than stoichiometric
and thus impair the specific impulse.

For the purpose of this paper the aerody-
namic design of the inlet for a supersonic com-
bustion ramjet was studied by computing two-
dimensional point designs for several flight
speeds. Table 52-I1I provides the input assump-
tions for the computations. To simplify the
problem the initial shock was assumed to turn
the flow 9° and all succeeding shocks 3°. The
schedule of inviscid velocity reduction in the
inlets was selected from studies similar to that
of reference 35. The inviscid compression fields
were computed by assuming a real gas and us-
ing references 44 to 48. Real-gas boundary-
layer calculations were made by modifying the
equations of reference 49 for laminar flow and
those of reference 50 for turbulent flow. Tur-
bulent boundary layers were assumed to have
a 14 power velocity profile. The boundary-
layer parameters of reference 51 were modified
to real-gas values. Inlet total-pressure recov-
eries and kinetic-energy efficiencies were based
on a one-dimensional equivalent flow at the in-
let throat obtained from conservation of mass,
momentum, and energy considerations similar
to those of reference 52. Real-gas properties
were obtained from reference 53. Boundary-
layer growth was computed along the main
compression surface only. In order to deter-
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TapLe 52-T1.—Assumptions Used in Supersonic Combustion Ramjet Inlet Performance
Calculations

{Geometric capture height upstream of Initial shock, 35 feet; turning angle of initia] shock, 9° turning through all other
shocks, 3°; flow at inlet throat parallel to vehicle axis within 6° or less; and wall temperature, 2,000° F.]

Flight Mach Inviscld veloclty Total ¢ in
number Flight altitude, ft | Flight velocity, Ips reduction, fps oompre(si?gon eld,
8 97. 0X10% 7. 98X 108 1495 48. 5
12 136. 0 12. 85 1065 30. 2
16 170. 0 17. 70 839 21. 2
20. 6 200. 0 21. 40 720 17.0

mine a representative overall value of kinetic-
energy efficiency, the sum of the losses in kinetic-
energy efficiency due to the boundary-layer
growth on the internal surface of the cowl and
due to side-wall and corner effects was assumed
to be equal to the loss in kinetic-energy efficiency
computed for the boundary-layer growth along
the main compression surface. The computed
values of kinetic-energy efficiency were cor-
rected for the reduction in total enthalpy pro-
duced by heat transfer through the walls on
the assumption that the fuel would be used as
the coolant and that the heat would be returned
to the combustion chamber.

The geometric proportions computed for the
inlet designs for inviscid, laminar, and turbu-
lent flow are presented in figure 52-19. Asindi-
cated by the sketch, the geometric walls were

[ i L s i) 3
10 4 18 22x10
FLIGHT VELOCITY, FPS

Fi6URE 52-19.—Effect of velocity on inlet geometry.
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determined by adding the boundary-layer dis-
placement thicknesses to the inviscid-flow-field
contours. For all laminar flow, figure 52-19
shows that the throat height is not significantly
larger than the inviscid throat height because
of the large capture height and Reynolds num-
bers assumed. For all turbulent flow, the throat
height is considerably larger than the inviscid
case on the high-speed end; in the actual case,
the curve probably would fall between the lam-
inar and turbulent results since there would
have to be some length of run of laminar flow.
These results clearly show the need for reliable
methods for predicting the location of transi-
tion. Furthermore, the wide variation in re-
quired throat height obtained with changes in
flight velocity indicates that variable geometry
will be necessary unless the amount of compres-
sion is reduced at the lower speeds with some
sacrifice in thrust.

Figure 52-19 also indicates that the required
distance from the leading edge to the cowl lip
I, varies about 25 percent over the flight-velocity
range. Although this variation would be modi-
fied by changes in the angle of attack with flight
speed, fixed geometry probably will either intro-
duce additive drag or subject the inlet to condi-
tions where the shock enters the cowl and
impinges on the boundary layer producing
boundary-layer interaction effects. The most
significant implication derived from the results
given in figure 52-19 is that extensive trade-off
analyses are required to determine the most
practical designs incorporating either fixed ge-
ometry or a minimum of variable geometry.

The overall performance in terms of kinetic-
energy efficiency computed by methods outlined
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F1gUure 52-20.—Inlet efficiency.

previously is presented in figure 52-20. In
order to attack significance to values of kinetic-
energy efficiency, it should be realized that at
speeds on the order of 20,000 fps, values of
efficiency of approximately 90 percent are low
enough to eliminate any thrust potential.
Therefore, the efficiency must be substantially
above the 90-percent level to obtain efficient
operation. Figure 52-20 shows that the gen-
eral level of efficiency obtained in the analysis
of this paper is about 97 percent; the shape of
the curve faired through the computed points
has little significance because of the somewhat
arbitrary assumptions of values for the flight
trajectory and the amount of compression in
the inlets. Theoretical performances for an
axisymmetric inlet design computed by Mec-
Lafferty and presented in reference 54 agree
in general magnitude with the results of this
paper. The experimental data points given in
figure 52-20 represent wind-tunnel data for a
two-dimensional inlet taken at a Mach number

of 6.8 for several different arrangements of
boundary-layer bleed and for several bleed
quantities. The favorable effect of the boun-
dary-layer bleed on the performance is believed
to be the reason for the experimental efficien-
cies being higher than the theoretical curves.

From the preceding discussion one can de-
duce that a 1-percent increase in kinetic-energy
efficiency would produce significant increases in
thrust, particularly at high hypersonic speeds.
Therefore, effort should be directed toward in-
creasing the level of kinetic-energy efficiency by
developing more efficient compression-field de-
signs and by reducing viscous effects to a
minimum.

CONCLUDING REMARKS

A great deal of information exists that is ap-
plicable to the high lift-drag ratio vehicle.
However, much of this information is somewhat
preliminary and is of the type that suggests
further investigation rather than being directly
usable. This discussion attempted to point out
the many avenues of research which have to be
more thoroughly explored before a better grasp
of the total problem is in hand. Although this
work will necessarily rely heavily on an experi-
mental approach, because of the complexities
involved, the theoretical aspects of the problem
should also be pursued with equal vigor. For-
tunately, much of this experimental work can
be done at present in the conventional relatively
cold facilities which have been available for
some time ; however, evaluation of the effects of
a hypervelocity environment will eventually
have to be made.
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SUMMARY

Reentry of manned lifting vehicles at parabolic
(escape) velocity and reentry of unmanned nonlifting
planetary probes at hyperbolic velocities are considered.
A brief discussion is presented of the necessity of lift
and lift modulation for the manned return; and the
heating problems of aerodynamic and reaction controls
are illustrated. Spatial and temporal convective and
radiation heating distributions are predicted for a
lifting spacecraft of the Apollo class.

Radiation heating will be the dominant mode for
early planetary probes which, because of weight limita-
tions, will be unmanned and will enter the atmosphere
on nonlifting trajectories. The effect of vehicle shape
on heating is first discussed for no-mass-loss (constant
profile) vehicles. A section on reentry of high-mass-
loss vehicles includes a preliminary study of the effects
of (a) heat of sublimation on limiting entry velocity;
(b) ratlo of payload to total weight on limitlng entry
velocity; and (c) the size and total weight of a
reentry vehicle necessary to return a specific payload
to earth at a given high reentry velocity.

INTRODUCTION

Familiarity with near circular or satellite
reentry is widespread as a result of the recent
flights of the Mercury spacecraft. In this
paper some of the aerodynamic and heating
aspects of reentry from more advanced missions
are discussed. The first part is concerned with
parabolic reentry with emphasis on the manned
lunar mission, and the second part with the
unmanned reentry of high-speed planetary
probes.

SYMBOLS
A reference area
Cp drag coefficient
Cyg total energy transfer coeflicient, H/—21- mgVg?
CL lift coefficient
D drag
d vehicle diameter
G acceleration in earth gravitational units
H total heat absorbed by vehicle during reentry
L lift
4 vehicle reference length
mg mass of vehicle at start of reentry
my mass of vehicle at end of reentry
Q heat of sublimation, Btu/lb
q heating load per unit area, /"¢di
g heating rate per unit area
Gotag stagnation-point heating rate per unit area
R radius of curvature of front surface of vehicle
s radius of body '
s distance along surface from axis
t time
14 velocity

236

Ve entrance velocity

(Vel limiting entrance velocity

w vehicle weight, 1b

w vehicle density, Ib/cu ft

Y altitude

a angle of attack

YE entrance angle

P density

] flap-deflection angle

7 heat-transfer coefficient, q/é P Vol
0 semicone angle

¢ roll angle

Subscripts:

@ ambient conditions ahead of vehicle
MAX  maximum

1 limiting value

C convective

ER equilibrium radiative

NER nonequilibrium radiative

REENTRY AT PARABOLIC VELOCITY

For the lunar mission the reentry velocity is
parabolic and is about 36,500 feet per second at
an altitude of 400,000 feet, which may be con-
sidered the outer edge of the atmosphere for
aerodynamic effects. In this case, in contrast
to that of the nonlifting Mercury spacecraft,
a lifting capability is highly desirable. The
use of lift can reduce the severity of certain
reentry problems. In figure 53-1 is shown the
effect of L/D on the reentry corridor height
(ref. 1). This height, illustrated in the inset,
is the difference between the vacuum perigees of
the overshoot and undershoot boundaries. The

REENTRY CORRIDOR
r-L/D
OVERSHOOT
+L/D

 UNDERSHOOT

80¢
60F
CORRIDOR
HEIGHT, 40}
ST. MILES
20
== ’ "7j”77 W" S ik
0 5 o) 15

LIFT-DRAG RATIO, L/D

Ficure 53-1.—Variation of reentry corridor height
with lift-drag ratio.

w

CDA=50 Ib/sq ft.

V £= 36,500 feet per second;



PROBLEMS OF ADVANCED REENTRY VEHICLES

overshoot boundary in this case assumes 4 con-
stant negative Z/D during pull-up, with sub-
sequent later modulation as required under the
restriction that the trajectory never has an as-
cending phase; that is, dy/d¢t=0 (ref. 2). The
undershoot boundary assumes constant positive
L/D during pull-up with a maximum decelera-
tion of 107. Note the appreciable gains in re-
entry corridor as L/D first increases from 0 up
to approximately 14 with diminishing gains
thereafter. At Z/D=0,the corridorisabout 10
miles deep; at Z/D=14, it has become about 40
miles deep, and at L/D=1.5, it has only in-
creased to 50 miles.

The accessible Ianding area, or “footprint” as
it is popularly called (ref. 3), increases signif-
icantly with Z/D (fig. 53-2). The longitudinal
range is approximately proportional to L/D
and the lateral range varies roughly as L/D
raised to a power between 115 and 2. Note that
the landing area for LZ/D=1, covers a major
section of the continental United States.

The maximum deceleration during reentry
from a given space orbit may also be signifi-
cantly reduced by the application of lift. With
a fixed lifting capability the air loads are re-
duced by using the lift force to decrease the
flight-path angle continually to the horizontal
and thus to lower the rate of density increase
with time. If the lifting capability is variable,
further peak-load reduction is possible by use of
a change in attitude to reduce the resultant
force. Details on this subject are given in ref-
erences 4, 5, and 6.

The low lift-drag ratios that are sufficient
for parabolic reentry may be obtained through

t L1l

[ T Y S Y |-

U U Y N QYT A O YOS TN T T W A R S QW oy

F16URE 53-2.—Variation of accessible landing area with
lift-drag ratio for parabolic reentry.
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Ficure 53-3.—Hypersonic lift-drag capability of re-
entry shapes.

a variety of shapes (fig. 53-3). In the three
columns are illustrative shapes having L/D’s
at high velocity of 14, 1, and 1% to 2. The
first column consists of blunt spacecraft types
trimmed by internal packaging to place the
center of gravity so that L/D =14 for the pull-
up phase of reentry. The aerodynamic controls
would be used for modulation after the pull-up.
For these shapes the subsonic L/D is so low that
auxiliary landing aids (parachutes or para-
gliders) are required.

Increased Z/D capability is obtained, in gen-
eral, by making the configuration more wing-
like. The configurations with a hypersonic
L/D==1 have a subsonic I./D in the neighbor-
hood of 4 and so are able to land horizontally
without any auxiliary aids. The shapes for
L/D=11, to 2 appear more like conventional
airplanes, and include the Dyna-Soar configura-
tion for missions at satellite speed.

The Z/D capability is very expensive in terms
of vehicle weight. Configurations with higher
values of 7./D are not illustrated in figure 53-3,
because analyses have shown that at an L/D
somewhere between 114 and 2, the weight of the
ablation material required for heat protection
from a parabolic reentry appears to be prohibi-
tive. However, vehicles in this L/D range may
be used for orbital missions by employing ra-
diation-cooled surfaces.

The trade-off between L/D and weight is nat-
urally dictated by the mission requirements.
Studies are now in progress for various super-
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circular missions utilizing ZL/D==1 vehicles.
This is the maximum Z/D which appears feas-
ible for parabolic reentry using present ablation
techniques.

For the Apollo manned lunar mission which
is planned for more or less ideal conditions, an
L/D==14 appears sufficient in terms of corridor
height, landing area, and G alleviation. Studies
of such parabolic reentry vehicles have shown
that although the critical heating problems are
found at different parts of the vehicle for differ-
ent shapes, the magnitude of the total heat load
during reentry varied only moderately with
vehicle shape, with the blunt spacecraft having
a lower total heat load for most trajectories than
the other L/D=1%4 shapes illustrated. How-
ever, this factor was not the deciding factor in
the choice of the Apollo reentry module; several
other factors, such as the structural advantages
of a symmetric body, ease of integration of the
reentry module with the service module and
launch vehicle, the packaging of components
so that the center of gravity would permit the
desired trim, the more direct applicability of
experience gained from the Mercury, Gemini,
and similar projects, determined the selection
of a blunt reentry module for the Apollo
mission.

Although the pull-up phase of the Apollo
reentry is now visualized as a constant Z/D
maneuver, modulation is to be exercised im-
mediately after the pull-up. Figure 534
shows two methods of modulation for obtain-
ing the required orientation of the lift vector,
namely, pitch modulation with varying €

ALTITUDE L

. PITCH
CL — MODULATION
= . 3
C,max ZCO
: .
, : ROLL
ROLL ANGLE g [~ MODUL ATION

RANGE OR TIME —

\" -
o

Fievre 53-4.—S8implified examples of pitch and roll
modulation.
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Fioure 53-5.—Chin-flap heating on flat-faced model.
M=8; a=30°.
and Cp or roll modulation at constant L/D.
At the top of the figure is a plot of altitude as
a function of time (or range) for a typical
reentry from the middle of the corridor and
having a landing point near the center of the
footprint. Immediately after completion of
the pull-up maneuver in this typical reentry,
negative lift is required and is obtained by
either pitching to negative angle of attack or
rolling at least 90°, respectively, in the two
cases. More gradual changes are subsequently
required until the reentry finally terminates in
a positive-lift equilibrium glide. Not illus-
trated are the various maneuvers required for
additional lateral or longitudial ranges such
as those discussed in references 3 and 7. Note
that a rapid variation in lift and vehicle orien-
tation is required at the time of peak dynamic
pressure at the bottom of the pull-up.
Control heating problems are evident in both
of these modulation techniques. The heating
problems of a “chin” flap on a flat-faced body
of revolution with rounded corners are depicted
on figure 53-5. These data were obtained in the
Langley Mach 8 hypersonic tunnel at a free-
stream Reynolds number, based on model di-
ameter, of 0.22X10°% This Reynolds number
is representative of parabolic reentry for full-
scale vehicles at altitudes near 230,000 feet.
The ratio of local heating along the plane of
symmetry to the stagnation-point heating is
plotted as a function of body location. The
shaded bands for the flap heating represent the
spanwise data variation at a particular position
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s/ on the flap. The flap heating has a peak
approximately 20 percent of the stagnation-
point value for 3=60°. At $=120°, the local
heating exceeds the stagnation-point value, and
in addition the heating on the body itself ahead
of the flap has been increased from under 10
percent of the stagnation value to 100 percent.
This last increase is due to the interaction of
the shock wave generated by the flap with the
flow over the face of the model. Additional in-
formation on flap heating may be found in
reference 8. Flap heating problems (such as
those illustrated) plus the large hinge moments
required for rapid attitude change under high
dynamic-pressure conditions have led to the
conclusion that modulation by roll control using
reaction jets is more desirable.

However, reaction jets are not without inter-
ference heating problems. Figure 53-6 is a
sketch illustrating the results of a temperature-
sensitive-paint test for such interference heat-
ing. In this technique a model is coated with
a paint which changes color with temperature.
The model is then suddenly inserted into the
test airstream and the color changes are
recorded photographically. The heating pat-
terns shown were obtained in the Langley
Mach 8 variable-density tunnel with a cold jet
located 90° from the plane of symmetry and
exhausting upward nearly tangential to the
surface (roll jet) or perpendicular to the sur-
face (yaw jet). Note the localized high heat-
ing rates (indicated on the sketch by the
shaded areas) due to the interaction between
the cold reaction jets and the afterbody flow.

At present there is no theory to describe this
interaction heating phenomena adequately.
However, the rolling moments required are
simply inertial and thus are not sensitive to the
high dynamic pressures. Furthermore, the
other jets, such as pitch and yaw jets, are used
only for minor variations in attitude or to
counteract the cross coupling of the roll jets
and are located away from the windward side.
Consequently, these jets will be operative only
a small fraction of the time and the heating
problem can be handled by adding a little
extra heat protection in these critical areas. An
experimental investigation is in progress at the
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Fieure 53-8.—FEffect of reaction controls on afterbody
heating of lunar module.

Langley Research Center to study this problem

further.
Another problem associated with reaction

jets is the heating to the jet nozzle cavities
during the long times when the jets are not
operative. This problem is similiar to the
heating of cavities discussed in references 9 and
10.

The theoretically predicted heating history
of the stagnation point of a 12-foot-diameter
lunar reentry module during a 3,500-nautical-
mile reentry is shown in figure 53-7. For this
prediction, the location of the stagnation point
and the stagnation-point velocity gradient were
obtained from pressure measurements in the
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FicurE 53-7.—Stagnation point heating history for 12-
foot-diameter lunar reentry module.

Langley Mach 8 variable-density tunnel. These
experiments were necessary because of the lack
of a simple adequate theory suitable for con-
figurations in which the stagnation point is lo-
cated near the rounded corner of an otherwise
blunt body at angle of attack. The convective
heating ¢c was computed by the two-dimen-
sional method of reference 11 for real air in
thermochemical equilibrium. Nonequilibrium
radiation was computed by use of the data of
references 12, 13, and 14 and includes a simple
model for the profile of radiation intensity be-
hind the shock wave. The nonequilibrium radi-
ation arises from the very high temperatures
(as high as about 60,000° K) which occur just
behind the shock wave when all the thermal
energy is essentially in the translational and
rotational modes excited by a very few molecu-
lar collisions. The thermal and chemical relax-
ation which follows as more collisions take
place reduces the temperature toward the equi-
librium value, which is of the order of 12,000° K
at parabolic entry speed. The nonequilibrium
radiation is truncated when the relaxation proc-
ess has not had sufficient time for completion be-
fore the gas has left the stagnation region and
started to flow around the body. The nonequi-
librium phenomena are discussed more fully in
reference 15, as well as in the aforementioned
references. Equilibrium radiation §pz was
computed from the correlation of reference 16
(based on the absorption coefficients of ref. 17)
and a shock shape which was determined by
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correcting the shape obtained in the /=8 tun-
nel tests at low density ratios to account for the
high density ratios of actual flight. Note that
the detachment distance shown in figure 53-7
is exaggerated. More elaborate methods, such
as that of reference 18, are available, but these
are not uniformly valid for arbitrary shapes
and rely on a prior knowledge of certain par-
ameters, such as sonic-point location on the
body.

For this trajectory, the stagnation-point con-
vective heating rate and load dominate over the
radiative heating rate and load; this result is
generally true for lunar reentry. The total
radiative load to the stagnation point ¢zr+ gver
indicated on figure 53-7 is only 10 percent of
the total convective load ¢¢ for the case illus-
trated. The equilibrium radiation is very low
because the vehicle remains at high altitude
(above 200,000 ft) for much of this long-range
trajectory. For trajectories of shorter range,
the peak equilibrium radiation would be some-
what increased while the peak nonequilibrium
value would remain essentially unchanged.
The dominant convective peak is about one
order of manitude higher than that experienced
at the stagnation point of the Mercury space-
craft. The three peaks in convective heating
result from a moderate skip after the first pull-
up and two subsequent pull-up maneuvers for
this trajectory.

The theoretical distribution of heating rate
on the lunar reentry module in the plane of
symmetry is presented in figure 53-8 for the
time of peak stagnation point heating during

/ CORNECTIVE
\:\:_...

4 2 0 =2
BODY LOCATION, s/R

Figure 53-8.—Center-line heating rate distribution for
lunar reentry module.
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the reentry shown in figure 53-7. The convec-
tive distribution was predicted from a local
similarity theory of reference 19 for laminar
two-dimensional flow with the real-air bound-
ary-layer results of reference 11. Other theo-
ries (refs. 20 and 21) would predict distribu-
tions not differing significantly from that
shown. Streamline divergence effects (refs. 22
and 23) are not included but should be negli-
gible. Again the Mach 8 variable-density tun-
nel (ideal gas) pressure distribution was em-
ployed. The implication that such a pressure
distribution can be used for the prediction of
high-velocity heat-transfer distributions is
based on the insensitivity of pressure distribu-
tion to gas properties and Mach number for
blunt forebodies at high Mach number. The
heat-transfer theory, itself, is valid for real air
in equilibrium. Well-defined experiments are
still not available for real air at high enthalpies
to validate these methods on asymmetric
shapes.

The peak convective heating rate occurs on
the rounded corner because of the high local
pressure gradient combined with the occurrence
here of sonic flow. The convective heating rate
decreases rapidly beyond this peak as the flow
progresses around to the windward afterbody
(on which the heating rates are roughly only
10 percent of the stagnation value). A more
gradual decrease is apparent down along the
module face, and of course the leeward portions
of the afterbody will experience even lower
heating rates than will the windward portions.
The predictions of afterbody heating are not
on too firm ground, especially away from the
windward ray, because of the effects of separa-
tion and reattachment. Cold-tunnel data ob-
tained in the absence of real-gas effects but with
sting or strut support interference is of ques-
tionable value in this case. In addition, transi-
tion to turbulent flow may be a factor during
pull-up for steeper entry angles and this phe-
nomenon is still not well understood.

The peaks in radiative heating are also lo-
cated at points other than the stagnation point;
the nonequilibrium peak is nearer the corner
and the equilibrium peak is a short distance
down the face. At each point the nonequilib-
rium radiation was assumed equal to that
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emanating from behind a plane two-dimen-
sional shock wave having an incident velocity
equal to the local normal component of the free-
stream velocity. This approximation appears
reasonable when the relaxation length is small
compared with the detachment distance, as is
the case at peak heating in this trajectory. The
nonequilibrium peak on the body thus is located
where the bow shock is normal to the free
stream—in this case near the corner. The equi-
librium radiation distribution was estimated by
assuming that each point on the body center
line is irradiated by a semi-infinite slab of gas
having an emission coefficient equal to the aver-
age of the value just behind the local oblique
shock and the value at the surface. The slab
thickness is given by the local detachment dis-
tance and was determined from the Mach 8
variable-density tunnel shock shape scaled to
high-speed flight as discussed previously. Thus
the peak in this curve on the face below the stag-
nation point results from the condition that the
larger detachment distance more than compen-
sates for the decreased emission coefficients.
More elaborate methods for calculations of this
type can be made if a knowledge of the flow-
field properties and emission-coefficient varia-
tion across the shock layer is available. (See
refs. 24 and 25.)

In order to design the reentry-module heat
protection system, it is necessary that the distri-
bution of heating rate be known away from as
well as on the plane of symmetry. Various ap-
proximate methods are available. For exam-
ple, if the surface streamlines and pressure dis-
tributions are known, the three-dimensional
methods of references 22 and 23 are applicable
as long as crossflow is small. Alternately, on
the plane through the module center line nor-
mal to the plane of symmetry, it has been found
that the heat-transfer distribution is adequately
predicted by the distribution at zero angle of
attack normalized to the value at the center
line at angle of attack. Below this plane, the
heat transfer on the forebody is roughly con-
stant, and above this plane interpolation may
be used to estimate the heating distribution.

The radiative heating histories and distribu-
tions do not account for either the absorption of
incident radiation by the products of ablation
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from the heat shield or for any reradiation from
these ablation products to the front face or af-
terbody. The absorption problem has been in-
vestigated (ref. 26) in an overall manner but
little appears to have been done on the prob-
lem of radiation from the ablation products.
The status of the convective-heating predic-
tions for the manned lunar module might be
summed as follows: For the forebody where
the heating loads are greatest, predictions ap-
pear to be reaching the point where each new
refinement to the distribution results in only a
small percentage change in the total heat load.
In regard to the afterbody, the case is far from
settled, but the heating level is so low that even
doubling the presently predicted level would
change the module heat load by only about 20
percent. However, ablators have a low effi-
ciency for these low heating rates on the after-
body. Thus the afterbody is more important
when viewed from weight considerations than
when viewed from heating-load considerations.
Furthermore, if heating protection for the af-
terbody were to be provided through reradia-
tion from the hot surface, uncertainty by a fac-
tor of 2 in heating rate would result in a
20-percent uncertainty in skin temperature,
which could be very significant. Experiments
are being conducted on this problem but data
obtained in cold tunnels with sting supports is
questionable. Finally, although the forebody
radiative heating may be uncertain within a
factor of 2 (refs. 17, 27, and 28), the design of
the forebody heat shield is not critically af-
fected because the contribution of radiation to
the total load is so small (about 10 percent).

ENTRY OF PLANETARY PROBES

When the entry of planetary probes is con-
sidered, it is found that the velocities encoun-
tered are significantly above parabolic. The
velocity range of interest for the near future is
indicated in figure 53-9. This figure is a plot
of the minimum earth entry velocity (for no
retrorocket braking) which occurs after a re-
turn from Venus or Mars with a given transit
time. The minimum-energy (Hohman) trans-
fer velocities are only slightly in excess of para-
bolic (38,000 feet per second) but require long
trip times (259 days for Mars and 146 days for
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Fiouge 53-9.—Minimum Earth entry velocity as a func-
tion of transit time from Mars and Venus.

Venus). Inorder toreduce this time by & factor
of 4, entry velocities of about 50,000 feet per
second are required, and to reduce the transit
time from Mars to 1 month would require a
velocity of 100,000 feet per second.

The principal consideration for such high ve-
locities is the added care which must be given to
radiative heating. This fact is evident in fig-
ure 53-10 where the total heating load to a 2-
foot-diameter sphere in vertical entry is plotted
against entry velocity. Contours are also in-
dicated for values of the energy transfer co-
efficient 'y, which is the ratio of the total heat
load during reentry to the kinetic energy of the

HEATING LOAD,
BTU/LB

IO—| S = |
0 20 40860 100x%103
ENTRY SPEED, Vg, FPS

Fioure 53-10.—Heating load variation with entry
speed for 2-foot-diameter sphere.
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vehicle at start of reentry. The convective
heating contribution has a Cx of the order of
1/1000. The shaded area for Vz>40,000 feet
per second represents the present uncertainty in
predicting convective heating due to ionization
effects on the thermal conductivity of air (refs.
11 and 29 to 32). The short-dashed line is an
optically thin adiabatic approximation for the
equilibrium radiation heating based on ref-
erence 16. The total-heat-load curve deviates
from this approximation when the effects of
optical thickness and energy loss due to radia-
tion become significant (refs. 33 and 34). The
radiative contribution is two orders greater than
the convective contribution at the high velocity
end of the curve and approaches Cy=~02, an
approximate upper limit at high velocities
found in reference 35, in which blackbody radia-
tion was assumed and energy loss was accounted
for in an approximate manner. This result is
consistent with the highest values of radiative
heating rates in reference 33, which were about
14 to 14 of the oncoming fluid kinetic energy
flux (Y4p.Va?) for velocities up to 60,000
feet per second.

Slenderizing the reentry vehicle is one obvious
way of alleviating the radiation heating. This
possibility is illustrated in figure 53-11 which
shows self-illuminated frames from high-speed
motion pictures obtained by Jim J. Jones and
John A. Moore in the Langely pilot expansion
tube (reference 36). The two parts of the figure
are reproduced to a scale such that the dotted
outlines of the models shown have the same

HEMISPHERE -~CONE
8 =9°
VEL.=28,500 FPS

BLUNT MODULE
VEL.=25,000FPS

Figure 53-11.—Radiation from models in expansion
tube.
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F1eUuRE 53-12.—Heating load variation with 6, for 2-
foot-diameter pointed cones. V g=45,000 feet per
w

second; A g=—90°; -—A=5O Ib/sq ft.
D
volume. The radiation from the blunter model
is much more intense, even though the velocity
is much lower (ambient densities are approxi-
mately equal).

Since the local radiation intensity varies
mainly as the local normal component of the
free-stream velocity, further gains in radiative
heating can be realized by pointing the blunt
nose of the cone. However, elimination of the
blunt nose will result in increased convective
heating. Figure 53-12 shows the variation
with cone angle of radiative, convective, and to-
tal heating for a sharp cone. The case illus-
trated is that of a 2-foot-base-diameter cone
with V=45,000 feet per second, yg=—90°,
and W/CpA =50 pounds per square foot. (The
density of the reentry vehicle thus must change
with cone angle.) In this instance, 8 minimum
in the total load appears at 6,~60°. The val-
ue of 6, for minimum heating is, of course, dif-
ferent for other initial conditions and depends
upon the radiation mode] assumed. (See refs.
37 and 38.)

In the preceding discussions of this paper it
has been assumed that even though ablation
heat shields were employed, the mass loss and
vehicle profile change were negligible. Never-
theless, with very high reentry speeds, condi-
tions resulting in high mass loss can arise, and
such cases will be considered in the remainder
of this paper. These high-mass-loss results are
excerpted from a recent analysis made by F. C.
Grant of the Langley Research Center, as yet
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unpublished. The analytical model for this
study is shown in figure 53-13. Mass loss is as-
sumed to occur only at the front faces of the
cone and cylinder ; whereas the sphere loses mass
uniformly over its entire surface. Although
investigations of such shrinking spheres have
been previously made by others (refs. 35, 39, 40,
and 41), the sphere is included for complete-
ness., Newtonian drag is assumed for entry in-
to an exponential density atmosphere with a
scale height (height for change of a factor ¢ in
density) of about 25,200 feet. The reentry is
steep with a straight-line trajectory and the
gravitational force neglected (ref. 42). The
final mass my, which might consist of payload
instrumentation plus an allowance for struc-
ture and other weights, is so located that it gen-
erates no aerodynamic forces. Theheating rate
per unit area follows the law §=x5(14p V%,
where 7 is assumed constant during reentry.
An upper boundary of 14 for 5 appears reason-
able. If radiation is the predominant heating
mode, then at most 14 of the total energy flux
will be radiated toward the body and 14 will be
radiated back into the atmosphere ahead of the
vehicle. (The case of the absorption of this for-
ward radiation by the atmospheric gases ahead
of the shock, which then approach the vehicle
with increased energy, is not considered herein
but is discussed in ref. 37.) In reference 33 the
theoretical predictions of » on a one-dimen-

HEATING LAW: ¢= 7 (

% PoVe)

F1aURE 53-13.—Model used for high-speed high-mass-
loss analysis.
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F16ure 53-14.—Effect of heat of sublimation and heat-
transfer coefficient on (V).

™ —0.125; 6, ~8.5°.
me

sional basis for velocities up to 60,000 feet per
second are less than approximately 14 for alti-
tudes below 100,000 feet, which is the limit of
the altitude range of interest for this analysis.

Before this matter is discussed further, it
should be noted that although the cones are
shown to be sharp in the illustrations, the as-
sumption is made that an arbitrarily small
initial bluntness exists, which will then grow
rapidly as a result of radiation heating. Refer-
ence 38 discusses the possibility of special body
contouring in order to realize the appreciable
gains of a body which can retain a pointed
shape during mass loss.

The next problem to be discussed is concerned
with the effect of certain parameters on the
limiting entry velocity (Vg):. This velocity is
defined as that entry velocity which will cause
ablation during reentry of all the mass of the
vehicle with the exception of the final mass my.
The variation of (Vg); with the quotient @/5
(heat of sublimation divided by heat-transfer
coefficient) is plotted in figure 53-14 for a final
mass ratio m;/mg=0.125. The cone angle §,=
8.5° so that heating of the conical flanks is neg-
ligible. The heat of sublimation is employed
rather than the effective heat of ablation be-
cause radiation is the predominant heating
mode during the period of high mass loss for the
reentries considered. The difference between
the heat of ablation and heat of sublimation
may be considered then to block the convective
heating. At a given value of @/, the limiting
velocity is nearly the same for the cone and
cylinder while that of the sphere is 50 percent
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Fieure 53-15.—Effect of final mass ratio on (Vg)..

Q=M=GO,OOO Btu/lb; §,=8.5°.

7 1/4
smaller. The limiting velocity varies as the
square root of ¢/x.

The effect of final mass ratio on limiting ve-
locity is shown in figure 53-15. The value of
Q/»=15,000/(%4) =60,000 Btu per pound (se-
lected for illustration) is composed of values of
@ representative of the heat of sublimation for
graphite together with a conservative value of
1, for 4. As expected, (Vg), decreases as the
final mass ratio increases; however, even for
this conservative value of /%, velocities of
70,000 feet per second are possible with mass
fractions of 14.

The data in figures 53-14 and 53-15 indicate
that very high limiting entry speeds are pos-
sible with substantial final mass fractions and
that the pointed cones and cylinders are supe-
rior to the sphere. However, one of the prices
that must be paid for such reentries appears in
figure 53-16, which is a plot of maximum decel-

MAX.
DECELERATION, 104k
Grax E

40 100 200 400x103
LIMITING ENTRY VELw(VE)r FPS

Freure 53-16.—Relation between Gmae: and (Vi)

TS —0.125; 6, ~8.5°.
meg
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eration, in earth gravitational units, as a func-
tion of (Vg),. The G-magnitude is extreme,
ranging from 10° to 10%, and varies as the square
of the entry velocity. Much higher loadings
are experienced by the cone and cylinder than
by the sphere. For the case of zero mass loss
at an entry velocity equal to (V) , the maxi-
mum deceleration is nearly identical to that of
the high-mass-loss sphere. After a quick in-
spection of this curve it is obvious that such
reentries will be unmanned.

An interesting point regarding figures 53-14,
53-15, and 53-16 should be mentioned. First,
there is no dependency of (Vg), on the size (;)
of the vehicle. This independence results from
the fact that in these figures no restriction was
placed on the lower extent of the atmosphere;
that is, the atmosphere has been assumed to in-
crease exponentially as the altitude decreases
until the vehicle has completed its deceleration
without regard to the final altitude. Of course,
when the practical boundary condition that the
vehicle must have finished its deceleration be-
fore impact with the earth’s surface is imposed,
then the size of the vehicles becomes limited

since the @-pulse occurs at lower altitudes for
larger ;. Inasmuch as the velocity ultimately

has an exponential decay with altitude, the
deceleration never vanishes completely. Thus,
some convention must be adopted to define the
end of the deceleration pulse. In this paper
the limiting size will be defined as that value
of ; which puts the peak @ point at 1 and 2 scale
heights above sea-level for the cones and
cylinders, respectively. The vehicles are then
so limited in size that the velocity at sea level is
less than 1,000 feet per second for the cones and
150 feet per second for the cylinders at
ms/meg=",. TFor smaller values of m;/mg,
smaller sea-level velocities occur. The values
of 1,000 and 150 feet per second are for a @/y
value of 60,000 Btu per pound, but may be
readily scaled to other @/v values since all ve-
locities scale as V@/7.

This limiting vehicle size is shown in figure
53-17 for the cone (6,=8.5°) and cylinder.
The sphere is not shown because it has negli-
gible size under the aforementioned impact-
velocity restrictions. The curves are drawn for
Q/n=60,000 Btu per pound, and a material
density w of 140 pounds per cubic foot, a value
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FiaUuRe B53-17.—Limiting size for deceleration before
impact. w=140 lb/cu ft; @/n=60,000 Btu/lb;
8,=8.5°.

also typical of graphite. The value of the final
mass fraction m,/mg varies along these curves
with the lower values occurring at the higher
velocities. At (Vg),=100,000 feet per second,
the limiting length of an 8.5° cone is 15 feet.

The weights (sizes) required to return a
specified final weight to earth after entry from a
particular limiting velocity are illustrated in
figure 53-18. Curves are drawn for cylinders
of d/1=0.3, 0.6, and 1.2 and for the cone with
8.=8.5°(d/l=0.3). Again the impact velocity is
restricted and values of @/=60,000 Btu per
pound and a density of 140 pounds per cubic
foot are used. The ticks on the curve give the
gross vehicle weight at start of reentry. If
curves of these gross entry weights were to be
cross plotted one would find that the cone is

only slightly more efficient (smaller entry weight
for given final weight) than the cylinders. For
cylinders at a given (Vi); the d/I must increase
as the final weight increases because ! and m,/mg
are constant; and at a given final weight, the
d/l ratio decreases with increasing (Vz), A
typical example using this figure would show
that a 2,000-pound final weight could be re-
entered at about 65,000 feet per second using a
graphite cylinder with a d/l=1.2. The entry
vehicle would have a gross weight of 4,000
pounds, a diameter of 2.8 feet, and a length of
2.3 feet. The w/Cpd would vary from 310 to
155 during reentry.

The estimates of this high-mass-loss analysis
indicate that sizable payload fractions can be
recovered after the reentry of unmanned high-
speed planetary probes having gross weights
and sizes compatible with future launch vehi-
cles. However, the final optimization and so-
phistication of these reentry probes must be
preceded by further knowledge and detailed
studies of the radiative and convective heating

at these extreme speeds.
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F1eURE 53-18.—Limiting entry velocity and final weight
for deceleration before impact.
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